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INTRODUCTION
The average service life of a modern airliner is approximately 30-35years, 50-80 thousand flights, 50-60 thousand flight hours.
The design and service experience of the transport aircraft has shown that to ensure the aircraft reliability, durability and efficiency it is required to provide in their structures the solution of three concepts simultaneously, i.e. safe-life, fail-safe and damage tolerance.
These concepts, as well as modern analytical and instrumental approaches for their realization comprise the basis of the course “Aircraft Strength and Service Life”.
The main objectives of the presented course are:

- to make future engineers aware of aircraft service life problems and correspondent regulatory requirements;
- to provide an understanding of basic concepts of aircraft design and operation, namely: safe life, fail safe, damage tolerance;
 - to provide an understanding of the metal fatigue nature and fracture mechanics, principles and techniques in fatigue analysis;
- to familiarize students with methods and procedures in aircraft structural fatigue and damage tolerance problems;
- to make students acquainted with modern approaches for aircraft multiple site damage analysis;

- to make future engineers aware of aircraft non destructive methods, etc.
When students complete the program on “Aircraft Strength and Service Life”, they will be able to explain the principles, concepts, applications, and inter-relations of material science, physics, and mathematics, aircraft design and maintenance, nondestructive testing, as they are applied in solving of the aircraft service life issues.

The course is focused on the metallic aircraft structures; some subsections are devoted to the comparison of fatigue damage modes of fibrous composites with metals.
This course has been compiled and developed to meet the needs of future design and maintenance engineers in analyzing aircraft service life issues. The course can also be useful to postgraduate students and for stress engineers, design engineers, research engineers, airworthiness and certification engineers, maintenance and repair engineers.

1. DESIGN SERVICE OBJECTIVES. SAFE LIFE, FAIL-SAFE AND DAMAGE TOLERANCE CONCEPTS.
Service life of the airplane can be expressed as Design Service Objective (DSO) as well as Design Service Goal (DSG) or Design Life Goal (DLG).
DSO refers to the flight cycle, flight hours, and calendar time goals used in the design of the airplane.

Modern civil airplanes are designed for 20-30 years and 50 to 80 thousand flights. In practice these design service objectives are often exceeded for many types of plane.
It is known that some successful machines have been in service more than 30 years, for example An-24, An-26, An-12, etc., designed at ANTONOV Company.
 Some examples of Boeing airplanes design service objectives are presented at the table1.
The design and service experience of the transport aircraft for the recent 50 years has shown that to ensure the aircraft reliability and efficiency it is required to provide in their structures the solution of three concepts simultaneously, i.e.: safe life, fail-safe and damage tolerance.

What is meant by “Safe-Life”?
Safe-life refers to the philosophy that the component or system is designed to not fail within a certain, defined period. It is assumed that testing and analysis can provide an adequate estimate for the expected lifetime of the component or system. At the end of this expected life, the part is removed from service.
A structure designed as safe life contains a single load path only and the inspectable crack length may be in the range of the critical crack length. Consequently inspection intervals to monitor the structure cannot be defined. A failure of one of the structural elements leads to the complete failure of the safe life structure and possibly to significant consequences for the aircraft.

The only concept of Airworthiness Regulations of USSR to ensure safe long-term aircraft operation in 1950-70s was safe life concept.
In 1976 in addition to safe life concept another one called “operational survivability” was introduced. It included fail-safe and damage tolerance concepts.
Table 1.1.Boeing Airplanes in Service.
	Airplane 
	Initial service

	Number of active (total)*
commercial fleet

	Minimum design service objectives~

	No. of airplanes exceeding 100% of minimum design service objectives


			Operators

	Airplanes

		
	707

	1958

	26

	46
(734)

	20,000 flights
60,000 hours
20 years

	3
25
46


	720

	1960

	0

	0
(153)

	30,000 flights
60,000 hours
20 years

	0
0
0


	727

	1964

	116

	1,142
(1,822)

	60,000 flights
50,000 hours
20 years

	14
730
767


	737

	1968

	222

	2,906
(3,216)

	75,000 flights
51,000 hours
20 years

	28
342
321


	747

	1970

	54

	967
(1,178)

	20,000 flights
60,000 hours
20 years

	95
431
189


	767

	1982

	68

	711
(724)

	50,000 flights
50,000 hours
20 years

	0
93
0


	777

	1995

	21

	178

	40,000 flights
60,000 hours
20 years

	0
0
0



	


In 1994 Aviation Regulations for transport aircraft AP25.571 have been introduced where the above concept of operational survivability (further referred to as “damage tolerance”) was assigned as a principal one. In accordance with Airworthiness Standards and Aviation Regulations some recommendations have been developed for structural engineers in ensuring damage tolerance and fatigue strength of aircraft structures.

Fail-Safe Design Concept means that failure will eventually occur but when it does the structure or system will fail in a safe manner.

This design concept assumes the possibility of multiple load paths and/or crack arrest features in the structure so that a single component failure does not lead to immediate loss of the entire structure. The load carried by the broken member is immediately picked up by adjacent structure and total fracture is avoided. It is essential however, that the original failure be detected and promptly repaired, because the extra load they carry will shorten the fatigue lives of the remaining components.
Fail-Safe Design Concept has a different meaning for structures than for systems: fail-safe for structures is concerned with residual strength after sustaining damage; fail-safe for systems is concerned with the functional implications of a failure condition and its probability of occurrence. Although both concepts have the same goal, a safe design, the approaches to achieving that goal are different.
Fail-safe design is achieved through material selection, proper stress levels, and multiple load path structural arrangements which maintain high strength in the presence of a crack or damage.
Fail-safe for systems treats failures differently. “Airplane systems and associated components, considered separately and in relation to other systems, must be designed so that the occurrence of any failure condition which would prevent the continued safe flight and landing of the airplane is extremely improbable, and the occurrence of any other failure condition which would reduce the capability of the airplane or the ability of the crew to cope with adverse operating conditions is improbable.”
The regulation also specifies that warning information about the failure condition be provided to the crew so that they may take the appropriate corrective action. These two design objectives provide the basis for airplane certification standard practices and establish the approach to be used to determine the relative importance (and severity) of a system failure condition.
 After the well known 1988 Aloha Airlines accident, where 18 feet of the upper crown skin and structure separated from the fuselage, there has been a greater emphasis on damage tolerance.
A damage tolerance evaluation of structure ensures that “should serious fatigue, corrosion, or accidental damage occur within the design service goal of the airplane, the remaining structure can withstand reasonable loads without failure or excessive structural deformation until the damage is detected.”

This philosophy is based upon the principle that any damage on the aircraft is safe to fly until it reaches a certain size. The reason the damage tolerance philosophy can be used is the significant advances since the early 50's (when fatigue was first discovered and understood). In the 70's, a significant amount of fatigue testing had been carried out so that more accurate crack propagation analysis could be performed.

Damage tolerance comprises three distinct elements of equal importance for achieving the desired level of safety:

- Damage limit – the maximum damage, including multiple secondary cracks, that the structure can sustain under limit load conditions;

- damage growth – the interval of damage progression, from the detection threshold to damage limit; it varies with the magnitude of operating loads, sequence of loads, and environmental influences;

- inspection program – a sequence of inspections of a fleet of airplanes with methods and intervals selected to achieve timely detection of damage.

Principal recommended criteria to ensure structural damage tolerance at the design stage of aircraft are presented in figs. 1.1 -1.5. The structure having regulated damages shown in fig. 1.1 -1.5 should sustain strength under limit load, i.e. it should satisfy fail-safe requirements.

[image: image1.emf]
Fig.1.1. Simultaneous cracks in two panels

[image: image2.emf]
Fig.1.2. Failure of one panel

[image: image3.emf]
Fig.1.3.  Broken spar cap, crack of 1/3 web height, one bay skin crack; spar web  broken.

[image: image4.emf]
Fig.1.4. Longitudinal two-bay skin crack with broken frame, L1= 1000 mm. Transversal two-bay skin crack with broken stringer, L2= 350 – 400 mm.

[image: image5.emf]
Fig.1.5. Crack initiated in cutout edge, L3 =150 mm. Skin crack in pressure bulkhead, L4= 500–1000 mm

For the achievement of the required service goal all participants of the aircraft development and operation process should contribute as it is shown in fig.1.6. Main structural criteria are presented in fig.1.7.
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Fig.1.6. Contribution of the participants of the aircraft development and operation process into the aircraft safety. 
[image: image6.emf]
Fig.1.7. Structures design criteria

2. INFLUENCE OF OPERATIONAL FACTORS ON AIRCRAFT SERVICE LIFE
2.1. Loads on aircraft
Each part of the aircraft is subjected to many different loads. These loads are predicted using computations, wind tunnel tests, experience of service, and other simulations.
Static and dynamic load tests on structural components are carried out to assure that the predicted strength can be achieved. The definition of strength requirements for commercial aircraft is specified in ICAO and national documents.
According to the airworthiness requirements   for the strength ensuring the following two kinds of loads must be analyzed: a) Limit loads are the maximum loads expected in service. Regulations specifies that there be no permanent deformation of the structure at limit load; b) Ultimate loads are defined as the limit loads times a safety factor. The safety factor is specified as 1.5. The structure must be able to withstand the ultimate load for at least 3 seconds without failure.
Besides, loads can be classified as:
a) Ground Loads encountered by the aircraft during movement on the ground:  taxying, landing, towing, etc;
b) Air Loads: Loads exerted onto the structure during flight.
These two loads classes may be further divided into:
a) Surface Loads: Act on the surface of the structure, such as aerodynamic or hydrostatic loads, and

b) Body forces: Act over the volume of the structure and are generated by gravitational and inertia effects.
Many of the load requirements on aircraft are defined in terms of the load factor, n.
The load to the aircraft on the ground is naturally produced by the gravity. But, there are other sources of load to the aircraft during flight; one of which is the acceleration load.

According to the Airworthiness Requirements  (FAR-25, JAR-25) flight load factors represent the ratio of the aerodynamic force component (acting normal to the assumed longitudinal axis of the airplane) to the weight of the airplane. A positive load factor is one in which the aerodynamic force acts upward with respect to the airplane.

In some instances of flight such as turn and pull-up, the aircraft must generate a lift force such that it is more than weight. For instance, load factor in a pull-up can be written as:
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where "a" is the centrifugal acceleration (V2/R). 

As this acceleration increases, i.e. airspeed increases or radius of turn decreases; the load factor will increase too. For other flight operations, similar expressions can be drawn.

On the other hand, if the load is more than allowable design value, the structure will lose its integrity and may disintegrate during flight. Load factor is usually positive, but in some instances, including pull-down, or when encountering a gust, it may become negative. Table 2.1 shows load factor for various types of aircraft.

Table 2.1. Load factor for various types of aircraft.
	No 

	Aircraft type 
	Maximum positive load factor 
	Maximum negative load factor 

	1
	Normal (non-acrobatic) 
	2.5 – 3.8
	-1 to -1.5

	2
	Utility (semi-acrobatic)
	4.4
	-1.8 

	3
	Acrobatic
	6
	-3 

	4
	Homebuilt
	5
	-2

	5
	Transport 
	3 – 4
	-1 to -2

	6
	Highly maneuverable
	6.5 – 12 
	-3 to -6 


Flight regime of any aircraft includes all permissible combinations of speeds, altitudes, weights, centers of gravity, and configurations. This regime is shaped by aerodynamics, propulsion, structure, and dynamics of aircraft.
One of the most important diagrams is referred to as flight envelope. This envelope demonstrates the variations of airspeed versus load factor (V – n) (fig.2.1).  In another word, it depicts the aircraft limit load factor as a function of airspeed.
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Fig.2.1. Flight envelope. 
In fig.2.1:

· VS1 is the stalling speed with flaps retracted;

· VF is the design flap speeds; 

· VA is the design maneuvering speed;
· VC is the design cruising speed;
· VD  is the design dive speed.
The analysis of durability and damage tolerance of aircraft structure requires the definition of repeated load spectra consistent with the operational usage of the airplane. The operational usage of the airplane is defined by a mix of flight profiles of varying durations and distances. Each profile is further broken down to show the approximate duration, altitude, airspeed, and gross weights of the various segments in the profile. For passenger and cargo carrying aircraft the segments are generally identified as takeoff, departure, climb, cruise, descent, approach, and touchdown (fig.2.2).
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Fig.2.2. Flight profile description


The typical loads spectrum for the upper panels of the wing is shown in fig.2.3.
[image: image9.emf]
Fig.2.3. Typical loads spectrum on the wing of transport plane.
Repeating loads cause fatigue and limits aircraft service life. Influence on fatigue is determined by the number of cycles applied, stress level, stress ratio, etc. At table 2.2 the typical repeating loads are presented. Load ratio presented in the table is a ratio of the current stress to the ultimate stress.
Table 2.2. Repeating loads on aircraft
	Loads
	Number of cycles during the 1000 hours
	Frequency,

Hz
	Load ratio

	Wind gusts
	(1-15) x 105
	0.3-5,0
	0,05-0,7

	Airdrome unevenness
	(1-5) x 105
	1-5
	0,05-0,7

	Buffeting
	(0,7-5) x 107
	2-20
	0,01-0,05

	Motor vibration
	(0,7-3) x 108
	20-100
	0,005-0,02

	Acoustic vibration
	(0,5-50) x 109
	100-10000
	0,001-0,01

	Maneuvers
	(1-5) x 103
	5-20 per flight
	0,1-0,7

	Pressurization
	1000
	1 per flight
	0,2-0.4


2.2 Aircraft fatigue.
Fatigue - the process of progressive localized permanent structural change occurring in a material subjected to conditions that produce fluctuating stresses and strains at some point or points and that may culminate in cracks or complete fracture after a sufficient number of fluctuations.

2.2.1 Milestones of the problem.
The name “fatigue” is based on the concept that a material becomes “tired” and fails at a stress level below the nominal strength of the material.

It is generally recognized that fatigue failure accidents had a significant influence on the development of practical knowledge about preventing similar accidents afterwards.

Several catastrophic failures of aircraft structures due to fatigue occurred in the 20th century.

Some typical case histories will be summarized.
A Martin-202 aircraft (40 passengers) crashed in 1948 due to a wing failure caused by a fatigue crack in a joint of the wing spar made of 7075-T6. The fatigue failure started from a corner in a thickness step of the spar cap.

Similar cracks were observed in some other aircraft. Poor geometrical design and a fatigue sensitive material were found. After this accident NASA has started a series of fatigue tests on various modified joints.

A major impact on considering fatigue of aircraft structures emerged from fatal accidents of two Comet aircraft in 1954. Fatigue cracks in the pressurized fuselage structure initiated a fuselage decompression failure at high altitude. These failures were discussed in a number of previous publications. However, one interesting observation is not very well known. The two Comet aircraft crashed after 1286 and 903 flights respectively. Unstable crack extension was started by a fatigue crack at the edge of a window in the cockpit section. Before the Comet entered into service, a full-scale fatigue test was performed on a large part of the fuselage including the cockpit section. Small cracks were found after 16000 flights in the test, a life time approximately 15 times longer than in service.

Unfortunately, the test article was previously subjected to quasi static loading until a high design load showed sufficient static strength. In order to save money, the same test article was subsequently used for the fatigue test with pressurization cycles. As a consequence, the load applied in the static test was a high pre-load for the fatigue test. It caused small-scale plastic yielding at fatigue critical notches which introduces that favorable residual stresses. As a result, a significant but unrealistic life extension in the full-scale test was obtained. This effect was overlooked.

The accidents of the two Comet aircraft were followed by a full-scale fatigue test on a complete aircraft. A flight-by-flight load history was applied. It included ground-to-air cycles, but the gust load spectrum for the wing was reduced to a single load level, which according to a linear damage calculation, would represent the same fatigue damaging effect as the full spectrum. The same load history was applied in each flight. The idea that full-scale tests are necessary was a step forward. However, the concept of a simplified flight-simulation full-scale test with all flights being equal was not correct.
In 1969 the F-111 fighter crashed as a result of a wing failure. It turned out that the failure was initiated by a large flaw in the material. The flaw had grown to a small extent by fatigue in 120 flying hours. The material was a D6AC steel heat treated to SU = 1600 MPa. Surprisingly, the flaw was introduced during the production of the steel plate, and it was not detected. Moreover, the fracture toughness of high strength steels can be relative low.

Another catastrophic fuselage decompression occurred in 1971 in Vickers Vanguard. The aft pressure bulkhead was blown up due to fatigue cracking along the edge of a reinforcing strip. The empennage control system was destroyed, a type of failure which is no longer accepted in later airworthiness requirements. Fatigue cracks were initiated by corrosion damage because condensation occurred at the inner side of the bulkhead due to the cold outside temperature. Furthermore, the sheet material of the bulkhead was a fatigue sensitive Al-alloy. Similar corrosion damage was found in other aircraft of the same type.
In the USSR the problem of multiple-site fatigue damage in aircraft structures was discussed by aircraft designers, fatigue experts, and scientists since the catastrophe with the Antonov AN-10A turboprop in 1972. During flight, the wing lower panels failed due to multiple-site fatigue damage in the stringers and skin. In the fracture zone the stiffeners had interface adapters, whereas the skin was a single sheet. Multiple cracks formed in both the stiffeners and the skin at the ends of the adapters. The damage was a multiple-site fatigue one due to structural features of the wing center section.

A uniform distribution of increased local stresses in stiffeners and skin at the ends of the adapters was a major cause of almost simultaneous initiation of several cracks. These cracks were growing at nearly equal rates. 
The service life of the AN-10A airplanes had been established in accordance with the safe-life principle. For the wing area wherein the fatigue failure occurred, no in-service, flaw-detection measures had been prescribed because this area had not been found to be critical at fatigue testing the AN-10A airframe. In these tests the wing loading program was insufficiently close to in-service loading. After the catastrophe the same areas in other copies of the AN-10A were inspected many of them had multiple-site fatigue damages in stringers and skins.
To evaluate the airplane load at which the wing had broken, a special program of AN-10A wing residual strength determination was developed and implemented. This program included experimental study of skin sheet residual strength, residual strength, and crack growth rate for full-size stiffened panels of the wing and residual strength of two copies of AN-10A that were flown for a long time and had multiple-site fatigue damages in the wing zone under study. The test data generated include residual strength of sheets made out of alloys D16ATNV (similar to 2024-T3 alloy) and V95ATV1 (similar to 7075-T6 alloy) and having transverse rows of fastener holes; each sheet was damaged with a large lead crack and a number of short cracks at the holes. Features of fatigue crack growth and static fracture of stiffened structures with multiple-site damages were outlined. Main points of a method for predicting the residual strength of built-up structures with multiple-site damages were formulated; the residual strength of the AN-10A wing was predicted.

A catastrophic wing failure occurred in 1976 due to a fatigue crack in the lower wing skin of the Hawker Siddeley 748. The crack had a length of 90 cm (35"). The same crack was found in 19 other aircraft, most of them still small, except for one crack of 70 cm (28"). The cracks occurred along a rivet line. A full-scale fatigue test had been performed, but the applied load history was not realistic. Flight loads were arranged in a block programmed sequence, and ground-to-air cycles were not included.
Another remarkable disaster is known as the Lusaka-accident, which occurred in 1977. A Boeing 707 lost a stabilizer during landing at the airport of Lusaka. It was caused by a large fatigue crack in the upper spar of the stabilizer.
The accident of a very old Boeing 737 of Aloha Airlines has also drawn much attention. At the altitude of 7300 meters the aircraft lost a large part of the fuselage skin. It is a wonder that the aircraft could still continue flying to an airport. The failure was caused by a large number of cracks started at many rivet holes in the same lap joint, a phenomenon which is now generally labelled as multiple-site damage (MSD). The aircraft was old, 89680 flights, 35496 hrs, 19 years, and unfortunately corrosion occurred in the lap joints promoted by disbonding of doublers. The corrosion problem was known and Boeing had provided inspection instructions, but they were not yet carried out. It is a typical example of ageing aircraft. Remedial actions are primarily related to design and quality of riveted lap joints.

A last case history to be summarized here is the catastrophic crash of the Boeing 747 in 1992. Shortly after take-off the aircraft lost an engine which then hit the second engine of the same wing which was also lost. In addition the structure of leading edge slat of the wing was damaged. The pilot tried to return to the airport but the aircraft crashed and came down on an apartment building in Amsterdam. The first engine was lost because of a fatigue failure in the fuse-pin connecting the engine pylon to the front spar. Analysis revealed that the design of the fuse-pin was not optimal, but also the load spectrum of the pylon attachment was more severe than originally expected.

2.2.2. Main features of metal fatigue.

Nowadays the main features of metal fatigue are considered as follows:

- The process starts with dislocation movements, eventually forming persistent slip bands that nucleate short cracks;
- fatigue is a stochastic process, often showing considerable scatter even in controlled environments;
- the greater the applied stress range, the shorter the life;
- fatigue life scatter tends to increase for longer fatigue lives;
- damage is cumulative. Materials do not recover when rested;
- fatigue life is influenced by a variety of factors, such as temperature, surface finish, microstructure, presence of oxidizing or inert chemicals, residual stresses, contact (fretting), etc.;
- some materials (e.g., some steel and titanium alloys) exhibit a theoretical fatigue limit below which continued loading does not lead to failure;
- in recent years, researchers have found that failures occur below the theoretical fatigue limit at very high fatigue lives (109 to 1010 cycles). An ultrasonic resonance technique is used in these experiments with frequencies around 10–20 kHz;
- high cycle fatigue strength (about 105 to 108 cycles) can be described by stress-based parameters;
- low cycle fatigue (typically less than 105 cycles) is associated with widespread plasticity; thus, a strain-based parameter should be used for fatigue life prediction. Testing is conducted with constant strain amplitudes typically at 0.01–5 Hz.

2.2.3. Stress Cycles.

A stress cycle is the smallest section of the stress-time function which is repeated periodically and identically. The stress cycle is defined by:
a) the stress components; b) the shape; c) the frequency, i.e. the number of cycles per minute or per second.

Now let’s consider the general types of cyclic stresses which contribute to the fatigue process. Fig.2.4 details some typical fatigue stress cycles.
Fig.2.4(a) illustrates a completely reversed cycle of stress of sinusoidal form. For this type of stress cycle the maximum and minimum stresses are equal. Tensile stress is considered positive, and compressive stress is negative.
Fig.2.4 (b) illustrates a repeated stress cycle in which the maximum stress σmax (Rmax) and minimum stress σmin (Rmin) are not equal. In this scheme they are both tension, but a repeated stress cycle could just as well contain maximum and minimum stresses of opposite signs or both in compression.
Fig.2.4 (c) illustrates a complicated stress cycle which might be encountered in a part such as an aircraft wing which is subjected to periodic unpredictable overloads due to gusts.
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Fig.2.4.Typical fatigue stress cycles: (a) reversed stress; (b) repeated stress; (c) irregular or random stress cycle.
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It is, often necessary to consider the stress range, 
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, which is the algebraic difference between the maximum and minimum stress in a cycle.
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 EMBED Equation.3  [image: image14.wmf]
The stress amplitude, 
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, then is one half the stress range.
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The mean stress is the algebraic mean of the maximum and minimum stress in the cycle.
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Two ratios are often defined for the representation of the mean stress, the stress or R ratio, and the amplitude ratio A.
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Table 2.3 and fig.2.5 illustrates some R values for common loading conditions.

Table 2.3. R values for common loading conditions.
	R ratio
	Loading Condition

	R > 1
	Both σmax and σmin are negative. Negative mean stress.

	R = 1
	Static loading.

	0 < R < 1


	Both σmax and σmin are positive; Positive mean stress, |σmax| > |σmin|.

	R = 0
	Zero to tension loading, σmin = 0

	R = -1
	Fully-reversed loading, |σmax| = |σmin|; zero mean stress.

	R < 0
	|σmax| < |σmin|, σmax approaching zero. 

	R infinite
	σmax equal to zero.
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Fig.2.5. Stress cycles with different mean stresses and R-ratios.

The simplest shape of the cycle is the harmonic wave in which the profile is a sine or cosine curve. The varying stress of this cycle has one maximum and one minimum value. Its damaging effect is defined by one pair of stress components. This appears also to be the case when is non-harmonic with one maximum and one minimum value as demonstrated in fig.2.6.
A stress varying according to fig.2.7 requires two pairs of stress components for its definition.
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Fig.2.6. Non-harmonic cycle with one maximum and one minimum value
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Fig.2.7. Non-harmonic cycle with two maximum and two minimum values
2.2.4. High-cycle fatigue

Historically, most attention has been focused on situations that require more than 105 cycles to failure where stress is low and deformation primarily elastic.

In high-cycle fatigue situations, materials performance is commonly characterized by an S-N curve, also known as a Wöhler curve (fig.2.8). This is a graph of the magnitude of a cyclical stress (S) against the logarithmic scale of cycles to failure (N).
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Fig.2.8. Wöhler curve.
S-N curves are derived from tests on samples of the material to be characterized (often called coupons) where a regular sinusoidal stress is applied by a testing machine which also counts the number of cycles to failure. This process is sometimes known as coupon testing. Each coupon test generates a point on the plot though in some cases there is a run out where the time to failure exceeds that available for the test. Analysis of fatigue data requires techniques from statistics, especially survival analysis and linear regression. Some materials, such as steel, show an endurance limit stress below which the fatigue life is essentially infinite. Other materials may not show such behavior but an effective endurance limit may be  specified at some large number of cycles.
2.2.5. Probabilistic nature of fatigue.
Although S-N curves are widely used in relation to fatigue failures, they have a number of shortcomings. The first drawback is that the curves are obtained by testing standard specimens under laboratory conditions. Thus the tests are unable to capture the variation of actual components due to factors such as manufacturing defects. The tests also ignore the actual use conditions of the components which are usually different from the test conditions.
Another major drawback is that S-N curves ignore the probabilistic (stochastic) nature of fatigue failures. Earlier models of fatigue damage accumulation reported in the literature focus on deterministic nature of the process whereas in practice, damage accumulation is of stochastic nature. This stochastic results from the randomness in fatigue resistance of material as well as that of the loading process. As a result, even under constant amplitude fatigue test at any given stress level, the fatigue life shows stochastic behavior with a specific distribution.

As fig. 2.9 shows, the cycles to failure which correspond to a certain stress value may vary considerably even when carefully machined specimens out of the same lot of material are used. The reduction factors used to account for this are an inaccurate way of dealing with this variation. A better approach is to use S-N-P curves which fully take into account the variation of cycles to failure at each stress level by associating a probability value, P, for the critical cycles at each stress level.
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Fig. 2.9. S-N curve with shown scatter of fatigue data. 
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S-N curve model is used to express the relationship between fatigue life (Nf) [image: image24.png]


and stress level [image: image25.png]


(S) and is expressed by the well-known [image: image26.png]
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 curve equation as given below:[image: image28.png]
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is a fatigue strength constant and [image: image31.png]


m represents slope of the S-N [image: image32.png]


 curve. Fig.2.10 shows a probabilistic interpretation of the curve, wherein probability density function (PDFs) (on normal scales) of fatigue lives are depicted at different stress levels S1[image: image33.png]
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Fig.2.10. Probabilistic S-N curve.
Life distribution models are chosen for one or more of the following three reasons:
1. There is a physical/statistical argument that theoretically matches a failure mechanism to a life distribution model.

2. A particular model has previously been used successfully for the same or a similar failure mechanism.


3.  A convenient model provides a good empirical fit to all the failure data.

The literature shows that fatigue life data follow either normal or log-normal distribution under constant amplitude or random loading. Weibull distribution has also been reported to fit fatigue life data as well as Birnbaum-Saunders fatigue life distribution is worth considering.
Damage accumulation is a complex and irreversible phenomenon, wherein the damage of the product under consideration gradually accumulates and over a period of time leads to its failure.

Therefore, damage accumulation can be treated as a measure of degradation in fatigue resistance of materials. Moreover, the damage accumulation is probabilistic in nature and it can be depicted graphically as shown in fig.2.11. Fig.2.11 shows monotonically increasing degradation path where the degradation measure is increasing probabilistically with time.
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Fig.2.11. Degrading path example.
2.2.6. Low-cycle fatigue.
Where the stress is high enough for plastic deformation to occur, the account in terms of stress is less useful and the strain in the material offers a simpler description. Low-cycle fatigue is usually characterized by the Coffin-Manson relation (published independently by L. F. Coffin in 1954 and S. S. Manson 1953):
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where:

- Δεp /2 is the plastic strain amplitude;
- εf' is an empirical constant known as the fatigue ductility coefficient, the failure strain for a single reversal;
- 2N is the number of reversals to failure (N cycles); 

- c is an empirical constant known as the fatigue ductility exponent, commonly ranging from -0.5 to -0.7 for metals in time independent fatigue. Slopes can be considerably steeper in the presence of creep or environmental interactions.

2.2.7. Factors that affect fatigue-life.

It is known that fatigue behavior of full scale machine or structural components differs from the behavior of small laboratory specimens of the same material. In the majority of cases the real life component exhibits a considerably poorer fatigue performance than the laboratory specimen, although the computed stresses are the same. This difference in fatigue response can be examined by evaluating the various factors that influence fatigue strength. Qualitative and quantitative assessments of these effects are presented below.

Cyclic stress state. Depending on the complexity of the geometry and the loading, one or more properties of the stress state need to be considered, such as stress amplitude, mean stress, biaxiality, in-phase or out-of-phase shear stress, and load sequence.
Mean Stress Effects. In 1870 Wöhler identified the stress amplitude as the primary loading variable in fatigue testing; however, the static or mean stress also affects fatigue life. In general, a tensile mean stress reduces fatigue life while a compressive mean stress increases life. Mean stress effects are presented either by the mean stress itself as a parameter or the stress ratio, R. Although the two are interrelated through:
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the effects on life are not the same, i.e. testing with a constant value of R does not have the same effect on life as a constant value of Sm, the difference is shown schematically in fig.2.12.

Fig.2.12. Effect of mean stress on fatigue life
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As fig. 2.13(a) shows, testing at constant R value means that the mean stress decreases when the stress range is reduced, therefore testing at R = constant gives a better S-N curve than the Sm = constant curve, as indicated in fig.2.13(b). It should also be noted that when the same data set is plotted in S-N diagram with R = constant or with Sm = constant the two S-N curves appear to be different, as shown in fig.2.14.



a)                                                       b)       

Fig.2.13. Stress cycling: (a) – Constant mean stress; (b) - Constant R-ratio.
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Fig.2.14. Different S-N curves obtained from tests with constant mean stress and constant R-ratio.

The effect of mean stress on the fatigue strength is commonly presented in Haigh diagrams as shown in figure 2.15, where Sa / So is plotted against Sm / Su. So is the fatigue strength at a given life under fully reversed (Sm = 0, R = -1) conditions. Su is the ultimate tensile strength. Thus the data points represent combinations of Sa and Sm giving that life. The results were obtained for small unnotched specimens, tested at various tensile mean stresses. The straight lines are the modified Goodman and the Soderberg lines, and the curved line is the Gerber parabola. These are empirical relationships that are represented by the following equations:

Sa/So + Sm/Su = 1 (Modified Goodman)
Sa/ So + (Sm/ Su)2 = 1 (Gerber)
Sa/ So + Sm/ Sy = 1 (Soderberg)
[image: image40.jpg]Alternating stress, Sa

Reversed fatigue strength, §

A

2
1,0+
0,8 4
0,6 4

0.4 Soderberg

0,2 4
0

Design

Yield line

&

o Gerber

Figure 21 Haigh diagram showing test data points for the effect of mean
stress, and the Gerber, modified Goodman and Soderberg

relations.

T T T T T T T
0,10,20,30,40,50,60,70,80,91,0

Mean tensile stress, S

Uttimate tensile strength § ,




Fig. 2.15. Haigh diagram showes test data points for the effect of mean stress, and the Gerber, modified Goodman and Soderberg relations.

The Gerber curve gives a reasonably good fit to the data, but some points fall below the line, i. e. on the unsafe side. The Goodman line represents lower data, while the Soderberg line is a relatively conservative lower bound that is sometimes used in design. These expressions should be used with care in design of actual components since the effects of notches, surface condition, size and environment are not accounted for. Also stress interaction effect due to mean load variation during spectrum loading might modify the mean stress effects given by the three equations.

Geometry. Notches and variation in cross section throughout a part lead to stress concentrations where fatigue cracks initiate (fig.2.16,2.17).
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Fig.2.16. Load transmission of the in the specimen with a hole.
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Fig.2.17. Stress distribution (simplistic) in a notched member under uniaxial load.

Fatigue is a weakest link process which depends on the local stress in a small area. While the higher strain at a notch makes no significant contribution to the overall deformation, cracks may start growing here and eventually result in fracture of the part. Therefore it is necessary to calculate the local stress and relate this to the fatigue behavior of the notched component. A first approximation is to use the S-N curve for unnotched specimens and reduce the stress by Kt factor (elastic stress concentration factor). An example of this approach is shown in fig. 2.18 for a sharply notched steel specimen. The predicted curve fits reasonably well in the high cycle region, but at shorter lives the calculated curve is far too conservative. The tendency shown in fig. 2.18 is in fact a general one, namely the actual strength reduction in fatigues is less than that predicted by the stress concentration factor. Instead the fatigue notch factor Kf is used to evaluate the effect of notches in fatigue. Kf is defined as the unnotched to notched fatigue strength, obtained in fatigue tests: Kf = fatigue strength of unnotched specimen/fatigue strength of notched specimen.
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Fig.2.18. Experimental and calculated S-N curves for a notched specimen

From fig. 2.18 it is evident that Kf varies with fatigue life, however, Kf is commonly defined as the ratio between the fatigue limits. By this definition Kf is less than Kt, the stress increase due to the notch is therefore not fully effective in fatigue. The difference between Kf and Kt arises from several sources. Firstly, the material in the notch may be subjected to cyclic softening during fatigue loading and the local stress is reduced. Secondly, the material in the small region at the bottom of the notch experiences a support effect caused by the constraint from the surrounding material so that the average strain in the critical region is less than that indicated by the elastic stress concentration factor. Finally, there is a statistical variability effect arising from the fact that the highly stressed region at the notch root is small, so there is a smaller probability of finding a weak spot.

The notch sensitivity q is a measure of how the material in the notch responds to fatigue cycling, i.e. how Kf is related to Kt. q is defined as the ratio of effective stress increase in fatigue due to the notch, to the theoretical stress increase given by the elastic stress concentration factor.

Surface quality. Almost all fatigue cracks nucleate at the surface since slip occurs easier here than in the interior. Additionally, simple fracture mechanics considerations show that surface defects and notches are much more damaging than internal defects of similar size. The physical condition and stress situation at the surface is therefore of prime importance for the fatigue performance. One of the important variables influencing the fatigue strength, the surface finish, commonly characterised by Ru, the average surface roughness which is the mean distance between peaks and troughs over a specified measuring distance. The effect of surface finish is determined by comparing the fatigue limit of specimens with a given surface finish with the fatigue limit of highly polished standard specimens. The surface reduction factor Cr is defined as the ratio between the two fatigue limits. Since steels become increasingly more notch sensitive with higher strength, the surface factor Cr decreases with increasing tensile strength, Su.
Material Effects. Effect of static strength on basic S-N data. For small unnotched, polished specimens tested in rotating bending or fully reversed axial loading there is a strong correlation between the high-cycle fatigue strengths at 106 to 107 cycles (or fatigue limit) So, and the ultimate tensile strength Su. For many steel materials the fatigue limit (amplitude) is approximately 50% of the tensile strength, i.e. So = 0.5 Su. The ratio of the alternating fatigue strength So to the ultimate tensile strength Su is called the fatigue ratio. The relationship between the fatigue limit and the ultimate tensile strength is shown in fig. 2.19 for carbon and alloy steels. The majority of data are grouped between the lines corresponding to fatigue ratios of 0.6 and 0.35. Another feature is that the fatigue strength does not increase significantly for Su>1400 Mpa. Other relationships between fatigue strength and static strength properties based on statistical analysis of test data may be found in the literature.
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Fig.2.19. Relationship between the fatigue limit (stress amplitude at R=0) and tensile strength, for small unnotched specimens, carbon and alloy steel. 

For real life components, the effects of notches, surface roughness and corrosion reduce the fatigue strength, the effects being the strongest for the higher strength materials. The variation in fatigue strength with the tensile strength is illustrated in fig. 2.20. The data in fig.2.20 are consistent with the fact that cracks are quickly initiated in components that are sharply notched or subjected to severe corrosion. The fatigue life then consists almost entirely of crack growth. Crack growth is very little influenced by the static strength of the material, as illustrated in fig.2.20, and the fatigue lives of sharply notched parts are therefore almost independent of the tensile strength. An important example is welded joints which always contain small crack-like defects from which crack starts growing after a very short initiation period. Consequently the fatigue design stresses in current design rules for welded joints are independent of the ultimate tensile strength.
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Fig.2.20.  Fatigue limit as a function of tensile strength for notched and unnotched steel specimens.

Crack Growth Data. Fatigue crack growth rates seem to be much less dependent on static strength properties than crack initiation, at least within a given alloy system. In a comparison of crack growth data for many different types of steel, with yield strengths from 250 to about 2000 Mpa levels of steel, it was found that grouping the steels according to microstructure would minimise scatter. The data for ferritic-pearlitic, matensitic and austenitic are shown in fig.2.21. Also shown in the same diagram is a common scatter band which indicates a relatively small difference in crack growth behavior between the three classes of steel. While data for aluminium alloys show a larger scatter than for steels, it is still possible to define a common scatter band. Recognizing that different alloy systems seem to have their characteristic crack growth curves, attempts have been made to correlate crack growth data on the basis of the following expression:
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An implication of this equation is that at equal crack growth rates, a crack in a steel plate can sustain three times higher stress than the same crack in an aluminium plate. Thus, a rough assessment of the fatigue strength of an aluminium component which life is dominated by crack growth can be obtained by dividing the fatigue strength of a similarly shaped steel component by three.
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Fig. 2.21.  Crack growth data for three types of steel with large difference in 
tensile strength.
Residual stresses. Residual stresses or internal stresses are produced when a region of a part is strained beyond the elastic limit while other regions are elastically deformed. When the force or deformation causing the deformation are removed, the elastically deformed material springs back and impose residual stresses in the plastically deformed material. Yielding can be caused by thermal expansion as well as by external force. The residual stresses are of the opposite sign to the initially applied stress. Therefore, if a notched member is loaded in tension until yielding occurs, the notch root will experience a compressive stress after unloading. Welding stresses which are locked in when the weld metal contracts during cooling are an example of highly damaging stresses that cannot be avoided during fabrication. These stresses are of yield stress magnitude and tensile and compressive stresses must always balance each other, as indicated in fig.2.22. The high tensile welding stresses contribute, to a large extent, to the poor fatigue performance of welded joints.
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Fig.2.22. Welding residual stresses

Stresses can be introduced by mechanical methods, for example by simply loading the part the same way service loading acts until local plastic deformation occurs. Local surface deformation, such as shot peening or rolling, are other mechanical methods frequently used in industrial applications. Cold rolling is the preferred method to improve the fatigue strength by axi-symmetric parts such as axles and crankshafts. Bolt threads formed by rolling are much more resistant to fatigue loading than cut threads. Shot peening and hammer peening have been shown to be highly effective methods for increasing the fatigue strength of welded joints. Thermal processes produce a hardened surface layer with a high compressive stress, often of yield stress magnitude. The high hardness also produces a wear resistant surface; in many cases this may be the primary reason for performing the hardness treatment. Surface hardening can be accomplished by carburising, nitriding or induction hardening.

Since the magnitude of internal stresses is related to the yield stress their effect on fatigue performance is stronger the higher strength of the material. Improving the fatigue life of components or structures by introducing residual stresses is therefore normally only cost effective for higher strength materials.

Residual stresses have a similar influence on fatigue life as externally imposed mean stresses, i.e. a tensile stress reduces fatigue life while a compressive stress increases life. There is, however, an important difference which relates to the stability of residual stresses. While an externally imposed mean stress, e.g. stress caused by dead weight always acts (as long as the load is present), residual stress may relax with time, especially if there are high peaks in the load spectrum that cause local yielding at stress concentrations.

Size effects. Although a size effect is implicit in the fatigue notch factor approach, a size reduction factor is normally employed in when designing against fatigue. The need for this additional size correlation arises from the fact that the notch size effect saturates at notch root radii larger than about 3-4mm, while it is well known from tests on full scale components, also unnotched ones, that the fatigue strength continues to drop off with size increase, without any apparent limit.

The size effect in fatigue is generally ascribed to the following sources:

1. A statistical size effect, which is an inherent feature of the fatigue process, the nature of fatigue crack initiation which is a weakest link process where a crack initiates when variables such as internal and external stresses, geometry, defect size and number, and material properties combine to give optimum conditions for crack nucleation and growth. Increasing size therefore produces a higher probability of a weak location.
2. A technological size effect, which is due to the different material processing route and different fabrication processes experienced by large and small parts. Different surface conditions and residual stresses are important aspects of this type of size effect.
3. A geometrical size also called the stress gradient effect. This effect is due to the lower stress gradient present in a thick section compared with a thin one, see fig.2.23. If a defect, in the form of a surface scratch or a weld defect, has the same depth in the thin and thick parts, the defect in the thick part will experience a higher stress than the one in the thin part, due to the difference in stress gradient, as indicated in fig.2.23.
4. A stress increase effect, due to incomplete geometric scaling of the micro-geometry of the notch. This takes place if the notch radius is not scaled up with other dimensions.
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Fig.2.23. Stress gradient effect in welded joint, showing the stress at a defect to be higher in the thicker joint if the defect depth is the same

Effects of Corrosion. Corrosion in fresh or salt water can have a very detrimental effect on the fatigue strength of engineering materials. Even distilled water may reduce the high-cycle fatigue strength to less than two thirds of its value in dry air.

Fig. 2.24 schematically shows typical S-N curves for the effect of corrosion on unnotched steel specimens. Precorrosion, prior to fatigue testing introduces notch-like pits that act as stress raisers. The synergistic nature of corrosion fatigue is illustrated in the figure by the drastic lower fatigue strength which is obtained when corrosion and fatigue cycling act simultaneously. The strongest effect of corrosion is observed for unnotched specimens, the fatigue strength reduction is much less for notched specimens, as shown in fig. 2.25.
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Fig.2.24. Effect of corrosion on unnotched specimens
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Fig.2.25. Corrosion fatigue of notched and unnotched specimens of quenched and tempered SAE 3140 steel in water

Protection against corrosion can successfully be achieved by surface coatings, either by paint systems or by the use of metal coatings. Metal coating are deposited either by galvanic or electrolytic deposition or by spraying. The preferred method for marine structures, however, is cathodic protection which is obtained by the use of sacrificial anodes or, more infrequently, by impressed current. The use of cathodic protection normally restores the high cycle fatigue strength of welded structural steels to its in-air value, while at higher stresses hydrogen embrittlement effects may reduce the fatigue life by a factor of 3 to 4 on life.

Among factors that affect fatigue the following must be mentioned:

- Size and distribution of internal defects: Casting defects such as gas porosity, non-metallic inclusions and shrinkage voids can significantly reduce fatigue strength;
- direction of loading: For non-isotropic materials, fatigue strength depends on the direction of the principal stress;
- grain size: For most metals, smaller grains yield longer fatigue lives, however, the presence of surface defects or scratches will have a greater influence than in a coarse grained alloy;
- temperature: Higher temperatures generally decrease fatigue strength.

2.2.8. Miner’s Rule.

Miner’s rule is one of the most widely used cumulative damage models for failures caused by fatigue. It is called "Miner’s rule" because it was popularized by Miner in 1945, but first it had been proposed by A. Palmgren in 1924. The rule, called eigther Miner's rule or the Palmgren-Miner linear damage hypothesis, states that where there are k different stress magnitudes in a spectrum, Si (1 ≤ i ≤ k), each contributing ni(Si) cycles, then if Ni(Si) is the number of cycles to failure of a constant stress reversal Si, failure occurs when:


[image: image48.wmf]

 EMBED Equation.3  [image: image49.wmf]C

N

n

i

i

k

i

=

S

=

1


C is experimentally found to be between 0.7 and 2.2. Usually for design purposes, C is assumed to be 1.
We can also write: According to Miner’s Rule, failure occurs when: 
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where:

ni  -  number of cycles at the ith stress level;
Ni - number of cycles to failure corresponding to the ith stress level;
ni∕Ni - damage ratio at the ith stress level.
This can be thought of as assessing what proportion of life is consumed by stress reversal at each magnitude then forming a linear combination of their aggregate.

Though Miner's rule is a useful approximation in many circumstances, it has two major limitations: a) it fails to recognize the probabilistic nature of fatigue and there is no simple way to relate life predicted by the rule with the characteristics of a probability distribution;  b) there is sometimes an effect in the order in which the reversals occur. In some circumstances, cycles of low stress followed by high stress cause more damage than would be predicted by the rule. It does not consider the effect of overload or high stress which may result in a compressive residual stress. High stress followed by low stress may have less damage due to the presence of compressive residual stress.

Example. A part is subjected to a fatigue environment where 10% of its life is spent at an alternating stress level, σ1 , 30% is spent at a level  σ2 , and 60% at a level  σ3 . How many cycles, n, can the part undergo before failure?
If, from the S-N diagram for this material, the number of cycles to failure at σi is N I (i =1, 2,3) , then from the Palmgren-Miner rule failure occurs when:
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so solving for n gives
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Remark: For tests with random loading histories at several stress levels, correlation with the Palmgren-Miner rule is generally very good.

A major limitation of the Palmgren-Miner rule is that it does not consider sequence effects, i.e. the order of the loading makes no difference in this rule. Sequence effects are definitely observed in many cases.

Environment and corrosion.
When we discuss the influence of environment we are thinking first about metal corrosion.
Results of the study carried out in the 2001 show that the total annual estimated direct cost of corrosion in the U.S. is a staggering $276 billion—approximately 3.1% of the nation’s Gross Domestic Product (GDP). (Remark: HAZMAT transport - HAZardous MAterials Transport).
Annual cost of corrosion in the transportation category is presented in fig.2.26.
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Fig.2.26. Annual cost of corrosion in the transportation category.
2.3.1. The nature of corrosion.
Aircraft corrosion has been a concern of aviation maintenance professionals since the Wright brothers first began putting wings on things. 

The corrosion usually acts together with loads. This interaction increase the impact of both factors: loads help to corrosion, corrosion helps loads to destroy the structure.

Corrosion is the electrochemical deterioration of metal as a result of its chemical interaction with the surrounding environment. While metal alloys continuously become more sophisticated and resistant to corrosion, they are also subjected to increasingly harsher operational environments and conditions. Jet engines are a good example.

Aircraft corrosion takes many forms and the ability of aircraft to resist corrosive attack can change dramatically with only minor environmental deviation.

Before corrosion can take place, four conditions must be satisfied:

1. The presence of a corrodible metal or alloy (anode).

2. The presence of a dissimilar conductive material that has a lesser tendency to corrode (cathode).

3. The presence of an electrolyte.

4. Electrical contact between the anode and the cathode.

The elimination of any of the above conditions will halt the corrosion process.

Electrolytes. An electrolyte is any solution that conducts electric current and contains positive and negative ions. For example, fresh water, salt water, acid and alkaline solutions in any concentration will act as an electrolyte. Acidic gas deposits, dirt, salt and engine exhaust gasses can dissolve on wet or damp surfaces, increasing the conductivity of the electrolytic solution; this increases the corrosive reaction of the electrolyte.

How corrosion forms? Before corrosion can develop in an alloy, there must be a completed electrical circuit and flow of direct current. This sets up the initial galvanic action. An acting anode and cathode must also be present. This can be two dissimilar metals or two different areas of the same section of alloy.

Corrosion always begins at the surface. For example, take the corrosion of iron. The iron atom gives up two electrons and becomes a ferrous ion with two positive charges. It goes into solution as a metallic ion via the electrolyte, which starts the corrosive reaction. Liberated electrons from the positive metallic ions flow to the cathode. Without this electron flow, no metal ions can detach from the anode. This establishes the electrical circuit of the corrosion process. The constant loss of positive metallic ions from the anode represents the erosion of the anodic material. The ongoing flow of electrons creates greater positive ionization and the cycle continues this way.

The electrons reach the surface of the cathode material and neutralize positively charged hydrogen ions that become attached to the cathode. Some of these hydrogen ions become neutral atoms and will be released in the form of hydrogen gas. The release of positively charged hydrogen ions produces an accumulation of OH negative ions (an atom of hydrogen and an atom of oxygen with one extra electron). This process increases the alkalinity at the cathode and promotes the formation of tiny bubbles of hydrogen.

When cathodes and anodes are formed on a single piece of metal, the exact locations are determined by the imperfections in the material. For example, the lack of homogeneity in the metal, inclusions, internal stresses, surface imperfections, lapping of the material or any condition that can form a crevice, will set up a cathode/anode relationship. The only thing needed then is an unprotected surface and a suitable electrolyte.

Some factors which influence metal corrosion and the rate of corrosion are:

- Type of metal;
- heat treatment and grain direction;
- presence of a dissimilar, less corrodible metal (galvanic corrosion);
- anode and cathode surface areas (in galvanic corrosion);
- temperature;
- presence of electrolytes (hard water, salt water, battery fluids, etc.);
- availability of oxygen;
- presence of different concentrations of the same electrolyte;
- presence of biological organisms;

- mechanical stress on the corroding metal;

- time of exposure to a corrosive environment.

2.3.2. Corrosion and the role of mechanical influence.
When a corrosive condition is aided by cyclic service loading, the corrosive attack accelerates at a rate considerably beyond the normal progression of the corrosion itself. Environmental conditions, as well as alloy composition, greatly influence the corrosion's ability to react. Corrosive attack is often exacerbated by mechanical erosion of surface finishes caused by sand, rain or mechanical wear. This can lead to stress corrosion cracking, corrosion fatigue and fretting corrosion.

Stress corrosion cracking is a form of intergranular attack where localized stresses may be caused by internal or external loading. Internal stresses are usually the result of some manufacturing process or procedure that more often than not involves cold working of the material. Normally, stress levels in the material vary from zone to zone. In the areas where the stress level approaches the yield strength of the alloy, corrosion cracking is most likely to occur.

Interaction with compounds in the environment will induce stress corrosion cracking as well. Contact with sea water can also provoke stress corrosion fracture in high strength steels and heat treated aluminum alloys. Magnesium has a proven hypersensitivity to moisture and will stress corrode under high humidity conditions if not properly protected.

Corrosion fatigue failure is the result of cyclic loading combined with corrosive attack. It generally occurs in two distinct phases. Initially, the combination of corrosion and cyclic loading induces pitting in the material that ultimately leads to fracture. In the second step of the process, the material essentially becomes so fatigued that fracture propagation becomes a certainty.

Fretting is a condition that occurs when two surfaces under load that are not designed to come into contact with one another do so as a result of vibration or some other factor. When this occurs, damage to the protective film or finish on the metal surface will result. The constant mechanical interaction leaves surfaces free from protection and open to the atmosphere or other corrosive influences. Deep corrosive pitting is likely to result if the condition is left unchecked.

2.3.3. Aircraft trouble zones.
Aircraft can undergo corrosion virtually anywhere, depending on its overall condition and geographic location. However, there are known trouble spots on any aircraft where corrosion has a much higher statistical probability of occurrence and routine testing and maintenance are a must.

Engine exhaust streams are a prime target for both jet and reciprocating engines. Exhaust gas residues are highly corrosive. Exhaust deposits can become trapped under seams, hinges and fairings where normal cleaning is ineffective. Mixed with rain, moisture or a high humidity atmosphere, exhaust residues become highly electrolytic, leading to conditions conducive to corrosion.

Without question, one of the best known trouble spots on any aircraft is the battery compartment. This is in spite of extensive venting, sealing and painting of the battery box area. Fumes that emanate from an overheated battery condition are extremely difficult to contain. Often, the fumes will disseminate to internal structures where unprotected surfaces become vulnerable to corrosive attack.

Lavatories and galleys present a problem as well. Behind lavatories, sinks and ranges, waste products, food and moisture tend to accumulate, causing corrosive conditions to prevail. Bilge areas under lavatories and galleys are particularly troublesome and regular maintenance in these areas is highly critical.

In fact, any aircraft bilge area is a trouble zone. A bilge area can be defined as a natural collection point for waste oils, hydraulic fluid, water, dirt or debris. Oil often hides water that has settled to the bottom of the bilge area, masking a potential corrosion cell.

Along with bilge areas, water entrapment or drain areas can be problematic. Drain holes are located at low points on the aircraft to facilitate drainage of collected fluids and moisture. They normally do not present a problem, except when they become clogged with debris or sealants or if the aircraft is in an unleveled condition.

Landing gear and wheel well areas take a real pounding. These areas of the aircraft are constantly exposed to mud, water, salts and flying debris from runways that inflict mechanical damage to protective coatings and surfaces.
Graphite composite materials can pose another set of corrosion complications when they come into contact with many of the alloys used in aircraft manufacturing. Graphite/epoxy materials make an excellent cathode, creating the potential for galvanic corrosion. When conditions are suitable, such as in a high humidity or saltwater environment, epoxy/graphite composites may become highly reactive. Sealant must be applied between the metal/composite interface to prevent moisture from initiating galvanic attack.

The frontal areas of aircraft engines often pose a corrosion problem as well. With the constant onslaught of abrasion caused by airborne dirt, flying debris, dust and gravel from runways, protective coatings and finishes take a real beating, exposing metal to the elements. Radiator cores and cooling fins on reciprocating engines are also vulnerable.

Spotwelded skins and assemblies are another area of high susceptibility. Moisture and other corrosive agents can become trapped between layers of sheet metal. This can occur at the time of manufacture, but that tends to be restricted to older aircraft. Corrosion eventually causes the skin to buckle or the spotweld to bulge outward, ultimately leading to fracture.

Rear pressure bulkheads are an area of real concern.
The accumulation of fluids below the floor can result in severe corrosion damage.
A good visual test may entail extensive disassembly of the aircraft fore and aft of the bulkhead area.
Nondestructive testing methods such as ultrasonic, eddy current and radiographic testing are commonly used to detect corrosion.
2.3.4. Types of the corrosion.

The main types of corrosion are presented in fig.2.27 - 2.35.

Fig.2.27. Galvanic corrosion

Main symptoms of the galvanic corrosion are powder-like white or grey deposits. This type of corrosion is caused by the interaction of two dissimilar metals in contact with each other in the presence of an electrolyte. The problem can be solved by detail design, protective treatment, special assembly techniques (sealing, electrical insulation of metals).

Fig.2.28. Exfoliation corrosion

Symptoms of the exfoliation corrosion are flaking and loss of metal thickness. The problem caused by swelling and flaking at grain ends exposed by machining.



Fig. 2.29. Pitting corrosion

Pitting corrosion is the localized corrosion of a metal surface confined to a point or small area, that takes the form of cavities. Pitting corrosion is one of the most damaging forms of corrosion. Pitting factor is the ratio of the depth of the deepest pit resulting from corrosion divided by the average penetration as calculated from weight loss. Pitting corrosion is usually found  on passive metals and alloys such aluminium alloys, stainless steels and stainless alloys when the ultra-thin passive film (oxide film) is chemically or mechanically damaged and does not immediately re-passivate. The resulting pits can become wide and shallow or narrow and deep which can rapidly perforate the wall thickness of a metal.

The shape of pitting corrosion can only be identified through metallography where a pitted sample is cross-sectioned and the pit shape, the pit size, and the pit depth of penetration can be determined.
What causes pitting corrosion? For a defect-free "perfect" material, pitting corrosion is caused by the environment (chemistry) that may contain aggressive chemical species such as chloride. Chloride is particularly damaging to the passive film (oxide) so pitting can initiate at oxide breaks. 

The environment may also set up a differential aeration cell (a water droplet on the surface of a steel, for example) and pitting can initiate at the anodic site (centre of the water droplet).
For a homogeneous environment, pitting IS caused by the material that may contain inclusions (MnS is the major culprit for the initiation of pitting in steels) or defects. In most cases, both the environment and the material contribute to pit initiation.

The environment (chemistry) and the material (metallurgy) factors determine whether an existing pit can be repassivated or not. Sufficient aeration (supply of oxygen to the reaction site) may enhance the formation of oxide at the pitting site and thus repassivate or heal the damaged passive film (oxide) - the pit is repassivated and no pitting occurs. An existing pit can also be repassivated if the material contains sufficient amount of alloying elements such as Cr, Mo, Ti, W, N, etc.. These elements, particularly Mo, can significantly enhance the enrichment of Cr in the oxide and thus heals or repassivates the pit.
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Fig.2.30. Schematic Process of Filiform Corrosion in Aluminium
Filiform corrosion is a special form of corrosion that occurs under some thin coatings in the form of randomly distributed threadlike filaments. Filiform corrosion is also known as "underfilm Corrosion" or "filamentary corrosion". Filiform corrosion occurs on metallic surfaces coated with a thin organic film that is typically 0.1 mm thick. The pattern of corrosion attack is characterized by the appearance of fine filaments emanating from one or more sources in semi-random directions. The filaments are fine tunnels composed of corrosion products underneath the bulged and cracked coating.

Filiform corrosion can be visually recognized without using a microscopy. Filiform corrosion has been observed on surfaces of coated steel, magnesium, and aluminum with thin coatings of tin, silver, gold, phosphate, enamel, and lacquer. Filiform corrosion has also been observed on paper-backed aluminum foils.
What causes filiform corrosion? Filiform corrosion is a special case of crevice corrosion.
During propagation, water is supplied to the head of the filament from the surrounding atmosphere by osmotic action due to the high concentration of dissolved ferrous ions on the surface of steel substrate. Osmosis tends to remove water from the inactive tail, because of the low concentration of soluble salts (iron has precipitated as ferric hydroxide).
Filiform corrosion or underfilm corrosion can be prevented with the following methods: a) the relative humidity control; b) brittle coatings use.


Fig.2.31. Crevice corrosion

The main symptoms of the crevice corrosion is a severe local corrosion along adjoining surfaces. The corrosion caused by the penetration of oxygen and corrosive agent into a joint. The corrosion can be prevented by efficient sealing of adjoining surfaces from corrosive substances.

Fig.2.32. Intergrainular corrosion
Intergrainular corrosion normally only perceived by cracking. The corrosion caused by chemical action along grain boundaries within the material and difference of electrical potential between grain and grain boundaries.
[image: image56.emf]
Fig.2.33. Fretting corrosion

Fretting corrosion (also known as wear corrosion or friction oxidation) can occur at the interface of two highly-loaded surfaces which are not supposed to move against each other. However, vibration may cause the surfaces to rub together resulting in an abrasive wear known as fretting. The protective film on the metallic surfaces is removed by this rubbing action. With continued rubbing, metal particles sheared from the surface of the metal combine with oxygen to form metal oxide. As these oxides accumulate, they cause damage by abrasive action and increased local stress. The most common example of fretting corrosion is the smoking rivet found on engine cowling and wing skins. This is one corrosion reaction that is not driven by an electrolyte, and in fact, moisture may inhibit the reaction.
[image: image57.jpg]



Fig.2.34. Stress corrosion

Stress corrosion cracking (SCC) is caused by the simultaneous effects of tensile stress and a specific corrosive environment. Stresses may be due to applied loads, residual stresses from the manufacturing process, or a combination of both.

Uniform corrosion or general corrosion, as sometimes called, is defined as a type of corrosion attack (deterioration) that is more or less uniformly distributed over the entire exposed surface of a metal (see illustration below). Uniform corrosion also refers to the corrosion that proceeds at approximately the same rate over the exposed metal surface.
Cast irons and steels corrode uniformly when exposed to open atmospheres, soils and natural waters, leading to the rusty appearance. 

[image: image58.emf]
Fig.2.35. Micribiological corrosion

The microbiological corrosion symptoms are local surface attack or formation of deposits such as fungi. Microbial contamination occurs when a consortium of organisms (bugs) combine and grow in the water phase of a fuel system and feed on the fuel. These bugs include bacteria, yeasts and moulds.
To prevent corrosion of aircraft structure the design should satisfy following requirements (fig.2.36).
             
[image: image59]
Fig.2.36. Design features for corrosion prevention
2.3.5. Corrosion Sensors.
Corrosion sensors have been proposed for monitoring the degradation of aircraft structures. There are many types of possible sensors and several different approaches to using them.

Corrosion sensors are not new but they have mainly been applied to large fixed installations such as pipelines and offshore structures. These applications are not usually weight-sensitive and much of the sensor technology has not been directed towards aerospace needs in terms of low mass, operating conditions, sensitivity and materials. In recent years, however, the potential benefits of corrosion monitoring, often as part of a larger strategy on corrosion management, have generated a substantial body of research for aircraft use.

Additionally, changes in the business environment and advances in fabrication methods and datalogging have now made aircraft corrosion sensors a viable technology that is being closely examined.

There are four basic approaches to corrosion monitoring using discrete sensors: direct measurement of corrosion effects, measurement of corrosivity by relating the degradation of the sensor itself to the degradation of an adjacent structure, measurement of corrosion products and measurement of climate (or microclimate) to input into a predictive model. These are described briefly below.

Direct Measurement of Corrosion Effects. It is possible to measure corrosion effects directly using electrochemical sensors such as EIS (Electrochemical Impedance Spectroscopy) or MEMS-based sensors that have been postulated. This approach may be suitable for monitoring localised areas but is unlikely to offer large area coverage without using many sensors.

Another approach would be to use corrosion-indicating paints whose optical signature changes when the pH of the underlying structure changes due to corrosion.

Measurement of Corrosivity of Environment. The term corrosivity sensors can be used to describe several types of sensor whose response to corrosive conditions may be correlated to the corrosion of an underlying structure. For example, galvanic sensors might indicate time of wetness or the corrosion of metallic elements in a sensor can be monitored via their change in electric resistance. The output of corrosivity sensors needs to be related to the underlying structure by calibration, and it is this aspect, especially when dealing with complex painted structures, that needs careful attention. Some corrosivity sensors can incorporate analogues of the underlying structure and can also be painted and treated in the same way as the structure so that their response to the environment and contaminants is similar to that of the structure they are monitoring.

Measurement of Climate (or Microclimate) to Input into a Predictive Model. For general in-service degradation based on the environmental and service history of the aircraft it is possible to construct an entirely non-invasive model to predict the onset and progress of corrosion. To overcome the difficulties of modelling pollution accretion, and unexpected atmospheric circumstances a predictive model could be supplied with data from environmental sensors which measure the climate or microclimate of a components or group of components. Unfortunately, the modelling and sensor technologies are not yet ready for operational deployment on aircraft.

Measurement of Corrosion Products. Chemical sensors can indicate the presence of specific ions that would arise from a corroding structure. These could be located in bilges or in locations where corrosion products might accumulate and would therefore, in effect, be able to indirectly monitor large areas. To date, however, such sensors cannot demonstrate stable longevity or resistance to poisoning by contaminants. Some corrosion indicating paints can also change their fluorescent properties when they react with certain corrosion products.

Types of sensor. Categories of corrosion sensors are listed in Table 2.4.
Table 2.4. Several types of corrosion sensor, principally aimed at aircraft structures.
	Sensor type
	Comment

	Corrosion Coupons
	Corrosion rate is determined by weight-loss measurements. Coupons can be used as witness plates for calibrating other sensors.

	Electrical Resistance
	The resistance of a metallic track is measured. Loss of metal due to corrosion changes the electrical resistance.

	Galvanic
	The galvanic current or voltage generated by separated electrodes made of dissimilar metals can be used to measure the presence of a conducting, and hence corrosive, environment.

	Electro-chemical Impedance Spectroscopy (EIS)
	Electrochemical Impedance Spectroscopy (EIS) can be used to asses the degradation of coatings. Portable systems are available. Also, it may be possible to embed electrodes beneath the coating. Such systems model the coating, substrate and electrolyte as elements in an AC circuit. The resistance and capacitance of each circuit element is inferred from observations of changes in impedance with frequency of a small applied potential. The inferred values indicate the state of the coating.


3. FUNDAMENTALS OF DISLOCATION THEORY AND STRENGTHENING MECHANISMS.
For years, scientists have been studying the theoretical strength of metals, which can be 1,000 times greater than their typical strength because of defects and dislocations that prevent atoms from occupying their perfect positions. The smaller a sample, the closer the material comes to achieving maximum theoretical strength as the defects are, in effect, eliminated until all that remains is a very tiny, defect-free sample.
3.1. Dislocations.

Now we have to answer some very important questions related to the strength of metal, metal parts and metal structures:
1. Why metals could be plastically deformed?

2. Why the plastic deformation properties could be changed to a very large degree by forging without changing the chemical composition?
3. Why plastic deformation occurs at stresses that are much smaller than the theoretical strength of perfect crystals?

The scheme (fig.3.1) shows the process of the crystal deformation, so the next question is:

Plastic deformation – the force to break all bonds in the slip plane is much higher than the force needed to cause the deformation. Why?

                  [image: image60.emf]              [image: image61.emf]
Fig.3.1. The process of the crystal deformation.

These questions can be answered based on the idea proposed in 1934 by Taylor, Orowan and Polyani: Plastic deformation is due to the motion of a large number of dislocations.

Dislocations allow deformation at much lower stress than in a perfect crystal.
Dislocations are the type of defect in crystals. Dislocations are areas were the atoms are out of position in the crystal structure. Dislocations are generated and move when a stress is applied. The motion of dislocations allows slip – plastic deformation to occur.
Before the discovery of the dislocation by Taylor, Orowan and Polyani in 1934, no one could figure out how the plastic deformation properties of a metal could be greatly changed by solely by forming (without changing the chemical composition). This became even bigger mystery when in the early 1900’s scientists estimated that metals undergo plastic deformation at forces much smaller than the theoretical strength of the forces that are holding the metal atoms together. Many metallurgists remained skeptical of the dislocation theory until the development of the transmission electron microscope in the late 1950’s. The TEM allowed experimental evidence to be collected that showed that the strength and ductility of metals are controlled by dislocations.
There are two basic types of dislocations, the edge dislocation and the screw dislocation. Actually, edge and screw dislocations are just extreme forms of the possible dislocation structures that can occur.
Most dislocations are probably a hybrid of the edge and screw forms but this discussion will be limited to these two types.
Edge Dislocations. The edge defect can be easily visualized as an extra half-plane of atoms in a lattice. The dislocation is called a line defect because the locus of defective points produced in the lattice by the dislocation lie along a line. This line runs along the top of the extra half-plane. The inter-atomic bonds are significantly distorted only in the immediate vicinity of the dislocation line.
Understanding the movement of a dislocation is a key to understanding why dislocations allow deformation to occur at much lower stress than in a perfect crystal. Dislocation motion is analogous to movement of a caterpillar. The caterpillar would have to exert a large force to move its entire body at once. Instead it moves the rear portion of its body forward a small amount and creates a hump.
The hump then moves forward and eventual moves all of the body forward by a small amount.
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Fig.3.2. Dislocation motion

As shown in the set of images above, the dislocation in the top half of the crystal is slipping one plane at a time as it moves to the right from its position in image (a) to its position in image (b) and finally image (c). In the process of slipping one plane at a time the dislocation propagates across the crystal. The movement of the dislocation across the plane eventually causes the top half of the crystal to move with respect to the bottom half. However, only a small fraction of the bonds are broken at any given time. Movement in this manner requires a much smaller force than breaking all the bonds across the middle plane simultaneously.
Screw Dislocations. There is a second basic type of dislocation, called screw dislocation. The screw dislocation is slightly more difficult to visualize. The motion of a screw dislocation is also a result of shear stress, but the defect line movement is perpendicular to direction of the stress and the atom displacement, rather than parallel. To visualize a screw dislocation, imagine a block of metal with a shear stress applied across one end so that the metal begins to rip. This is shown in the upper right image. The lower right image shows the plane of atoms just above the rip. The atoms represented by the blue circles have not yet moved from their original position. The atoms represented by the red circles have moved to their new position in the lattice and have reestablished metallic bonds. The atoms represented by the green circles are in the process of moving. It can be seen that only a portion of the bonds are broke at any given time. As was the case with the edge dislocation, movement in this manner requires a much smaller force than breaking all the bonds across the middle plane simultaneously.
If the shear force is increased, the atoms will continue to slip to the right. A row of the green atoms will find there way back into a proper spot in the lattice (and become red) and a row of the blue atoms will slip out of position (and become green). In this way, the screw dislocation will move upward in the image, which is perpendicular to direction of the stress. Recall that the edge dislocation moves parallel to the direction of stress. As shown in the image below (fig.3.3), the net plastic deformation of both edge and screw dislocations is the same, however.


Fig.3.3. Screw Dislocations

3.2. Strain field around dislocations.
Dislocations have strain fields arising from distortions at their cores - strain drops radially with distance from dislocation core (fig.3.4).
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Fig.3.4. Strain field around dislocations
Edge dislocations introduce compressive, tensile, and shear lattice strains, screw dislocations introduce shear strain only.
The number of dislocations in a material is expressed as the dislocation density - the total dislocation length per unit volume or the number of dislocations intersecting a unit area. Dislocation densities can vary from 105 cm-2 in carefully solidified metal crystals to 1012 cm-2 in heavily deformed metals.

Where do Dislocations Come From? Most crystalline materials, especially metals, have dislocations in their as-formed state, mainly as a result of stresses (mechanical, thermal) associated with the forming process.
The number of dislocations increases dramatically during plastic deformation.

Dislocations spawn from existing dislocations, grain boundaries and surfaces.
The number of dislocations in a material is expressed as the dislocation density - the total dislocation length per unit volume or the number of dislocations intersecting a unit area. Dislocation densities can vary from 105 cm-2 in carefully solidified metal crystals to 1012 cm-2 in heavily deformed metals.

3.3. Crystal structures.

In crystallography, the cubic (or isometric) crystal system is a crystal system where the unit cell is in the shape of a cube. This is one of the most common and simplest shapes found in crystals and minerals.

There are three main varieties of these crystals, called simple cubic (sc) (fig.3.5, a), body-centered cubic (bcc) (fig.3.5, b), and face-centered cubic (fcc, also known as cubic close-packed or ccp) (fig.3.5, c), plus a number of other variants.

The simple cubic system (P) consists of one lattice point on each corner of the cube. Each atom at a lattice point is then shared equally between eight adjacent cubes, and the unit cell therefore contains in total one atom (1⁄8 × 8).
The body-centered cubic system (I) has one lattice point in the center of the unit cell in addition to the eight corner points. It has a net total of 2 lattice points per unit cell (1⁄8 × 8 + 1). 

The face-centered cubic system (F) has lattice points on the faces of the cube, that each gives exactly one half contribution, in addition to the corner lattice points, giving a total of 4 atoms per unit cell (1⁄8 × 8 from the corners plus 1⁄2× 6 from the faces).

There is also another type of crystal structure called hexagonal close packing (fig.3.6).
         

          

 
                              a)                                            b)

                                    


                                                        c)
Fig.3.5. three main varieties of these crystals: a - The simple cubic system; b - The body-centered cubic system; c - The face-centered cubic system



Fig.3.6. Hexagonal close packing
Table 3.1. shows the stable room temperature crystal structures for several elemental metals.   

Table 3.1. Crystal Structure for some Metals (at room temperature) 
	Metal
	Aluminum
	Nickel
	Platinum
	Silver
	Copper

	Crystal structures
	FCC
	FCC
	FCC
	FCC
	FCC

	Metal
	Chromium
	Vanadium
	Niobium
	Iron
	Cadmium

	Crystal structures
	BCC
	BCC
	BCC
	BCC
	HCP

	Metal
	Cobalt
	Titanium
	Zinc
	Zirconium
	Magnesium

	Crystal structures
	HCP
	HCP
	HCP
	HCP
	HCP


And only polonium (Po) has been reported to have a simple cubic crystal structure. From packing point of view, this type of arrangement is not stable, and this structure type is not common.

3.4. Slip Systems.
In single crystals there are preferred planes where dislocations move (slip planes). Within the slip planes there are preferred crystallographic directions for dislocation movement (slip directions). The set of slip planes and directions constitute slip systems.

The slip planes and directions are those of highest packing density. Since the distance between atoms is shorter than the average, the distance perpendicular to the plane has to be longer than average. Being relatively far apart, the planes can slip more easily relatively to each other.
[image: image68.emf]
Fig.3.7. Slip in single crystals - resolving the applied stress onto the slip system
Dislocations move in particular directions on particular planes (the slip system) in response to shear stresses applied along these planes and directions.
Let us define the resolved shear stress, τR, (which produces plastic deformation) that result from application of a simple tensile stress, σ.

τR = σ cosφ cosλ
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Fig.3.8. Slip in Single Crystals.
When the resolved shear stress becomes sufficiently large, the crystal will start to yield (dislocations start to move along the most favorably oriented slip system). The onset of yielding corresponds to the yield stress, σy.

The minimum shear stress required to initiate slip is termed the critical resolved shear stress:
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Maximum value of (cosφ cosλ) corresponds to φ = λ = 45o. cosφ cosλ = 0.5
Schmid’s Low. Schmid postulated that:
· initial yield stress varies sample to sample depending on, among several factors, the position of the crystal lattice relative to the loading axis;
· It is the shear stress resolved along the slip direction on the slip plane that initiates plastic deformation;

· Yield will begin on a slip system when the shear stress on this system first reaches a critical value (critical resolved shear stress), independent of the tensile stress or any other normal stress on the lattice plane.
3.5. Plastic deformation of polycrystalline materials

Grain orientations with respect to applied stress are random. The dislocation motion occurs along the slip systems with favorable orientation, i.e. that with highest resolved shear stress (fig.3.9).

C
[image: image72.emf]
Fig.3.9. Plastic deformation of polycrystalline materials.
Larger plastic deformation corresponds to elongation of grains along direction of applied stress (fig 3.10).

[image: image73.emf]
Fig.3.10. Elongation of grains along direction of applied stress.
Under the plastic deformation of polycrystalline materials:
- Slip directions vary from crystal to crystal;
- Some grains are unfavorably oriented with respect to the applied stress (i.e. cosφ cosλ low);
- Even those grains for which cosφ cosλ is high may be limited in deformation by adjacent grains which cannot deform so easily;
- Dislocations cannot easily cross grain boundaries because of changes in direction of slip plane and disorder at grain boundary.
As a result, polycrystalline metals are stronger than single crystals (the exception is the perfect single crystal without any defects, as in whiskers).
3.6. Strengthening. 

The ability of a metal to deform depends on the ability of dislocations to move. Restricting dislocation motion makes the material stronger.
Mechanisms of strengthening in single-phase metals:

- grain-size reduction;
- solid-solution alloying;
- strain hardening.
Small angle grain boundaries are not very effective in blocking dislocations. High-angle grain boundaries block slip and increase strength of the material (fig.3.11).
[image: image74.emf]
Fig.3.11. Grain boundary barrier to dislocation motion: slip plane discontinues or change orientation.

A stress concentration at end of a slip plane may trigger new dislocations in an adjacent grain.

The finer the grains, the larger the area of grain boundaries that impedes dislocation motion. Grain-size reduction usually improves toughness as well. Grain size d can be controlled by the rate of solidification, by plastic deformation and by appropriate heat treatment.
Solid-Solution Strengthening. Alloys are usually stronger than pure metals of the solvent. Interstitial or substitutional impurities in a solution cause lattice strain. As a result, these impurities interact with dislocation strain fields and hinder dislocation motion.

Impurities tend to diffuse and segregate around the dislocation core to find atomic sites more suited to their radii. This reduces the overall strain energy and “anchor” the dislocation. Motion of the dislocation core away from the impurities moves it to a region of lattice where the atomic strains are greater (i.e. the dislocation strains are no longer compensated by the impurity atoms).

3.7. Burgers vector and the dislocation loop.
The Burgers vector, named after Dutch physicist Jan Burgers, is a vector, often denoted b, that represents the magnitude and direction of the lattice distortion of dislocation in a crystal lattice (fig.3.12).

The vector's magnitude and direction is best understood when the dislocation-bearing crystal structure is first visualized without the dislocation, that is, the perfect crystal structure. In this perfect crystal structure, a rectangle whose lengths and widths are integer multiples of "a" (the unit cell length) is drawn encompassing the site of the original dislocation's origin. Once this encompassing rectangle is drawn, the dislocation can be introduced. This dislocation will have the effect of deforming, not only the perfect crystal structure, but the rectangle as well. Said rectangle could have one of its sides disjoined from the perpendicular side, severing the connection of the length and width line segments of the rectangle at one of the rectangle's corners, and displacing each line segment from each other. What was once a rectangle before the dislocation was introduced is now an open geometric figure, whose opening defines the direction and magnitude of the Burgers vector. Specifically, the breadth of the opening defines the magnitude of the Burgers vector, and, when a set of fixed coordinates is introduced, an angle between the termini of the dislocated rectangle's length line segment and width line segment may be specified.




Fig.3.12. Burger’s vector.
The direction of the vector depends on the plane of dislocation, which is usually on the closest-packed plane of unit cell. The magnitude is usually represented by equation:
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 EMBED Equation.3  [image: image77.wmf]
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where a is the unit cell length of the crystal, ||b|| is the magnitude of Burgers vector and h, k, and l are the components of Burgers vector, b = <h k l>. In most metallic materials, the magnitude of the Burgers vector for a dislocation is of a magnitude equal to the interatomic spacing of the material, since a single dislocation will offset the crystal lattice by one close-packed crystallographic spacing unit. In edge dislocations, the Burgers vector and dislocation line are at right angles to one another. In screw dislocations, they are parallel.

The Burgers vector is significant in determining the yield strength of a material by affecting solute hardening, precipitation hardening and work hardening.

In materials science/engineering it is often useful to know the magnitude of the Burger’s vector in metres. This is easily done for BCC and FCC lattice materials using the previously mentioned equation as only the slip system and unit cell length 'a' need to be known. So for a FCC lattice where a = 2 R (2)^1/2 and the slip system is <110> the length of the Burger’s vector is simply b = 2 R, where R is the atomic radius. The HCP system is even simpler with the Burger’s vector simply equal to the unit cell length a, I.E. b =a, where a = 2 R for the HCP system. Hence the Burger’s vector of titanium would be 0.29 nm long.

3.8. Crack Initiation.

While on the subject of dislocations, it is appropriate to briefly discuss fatigue. Fatigue is one of the primary reasons for the failure of structural components. The life of a fatigue crack has two parts, initiation and propagation. Dislocations play a major role in the fatigue crack initiation phase. It has been observed in laboratory testing that after a large number of loading cycles dislocations pile up and form structures called persistent slip bands (PSB).

PSBs are areas that rise above (extrusion) or fall below (intrusion) the surface of the component due to movement of material along slip planes (fig3.13). This leaves tiny steps in the surface that serve as stress risers where fatigue cracks can initiate.
                                                                    [image: image80.png]



                             a)                                                                       b)
Fig.3.13. Schematic of fatigue crack initiation (a), and fatigue crack in alclad D16AT photo (b) 
Basically, fatigue crack propagation can be divided into three stages: stage I (short cracks), stage II (long cracks) and stage III (final fracture).

Fatigue crack can be divided also on crystallographic and non-crystallographic stages (fig3.14.).

[image: image81.emf]
Fig.3.14. Crystallographic and non-crystallographic stages of fatigue crack propagation
4. FUNDAMENTALS OF FRACTURE MECHANICS.
As it is known an aircraft service life in many cases limited by the  fatigue cracks. Maintenance and design errors, as well as unpredictable operational factors can lead to the accidents caused by fatigue cracks (figs.4.1 – 4.3.).



Fig.4.1. The recovered (shaded) parts of the wreckage of G-ALYP (Comet) and the site (arrowed) of the failure (1954).
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Fig.4.2. Fatigue crack in the Comet fuselage after 11246 cycles at the testing.
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           a)                                                                   b)
Fig.4.3. Indicated area of the Boeing 757 fuselage did not meet specification thickness: a) indicated area of the crack; b) cracks above the left passenger door (2010).

Fracture Mechanics solve next main problems:  a) prediction of the remaining life as a function of crack size; b) determination of the crack size that can be tolerated (critical crack size); determination of the time for a crack to grow from an initial size to the critical size (inspection interval).
Fracture Mechanics considers three modes of cracking (fig.4.4): a) Mode I - opening mode; b) Mode II - in-plane shearing/sliding mode; c) Mode III - out-of-plane shearing/tearing mode. Deal with Mode I most frequently.
It is believed that more than 95 percent of all mechanical failures can be attributed to fatigue. There are normally three distinct stages in the fatigue failure of a component, namely: Crack Initiation, Incremental Crack Growth, and Final Fracture.
Fatigue crack initiation usually occurs at free surfaces because of the higher stresses and the higher probability of the existence of defects at these locations (existence of corroded or eroded areas, scratches, etc.). Nevertheless, even at highly-polished defect-free surfaces, fatigue cracks can initiate through repeated microplastic deformations which result in the formation of “intrusions” and “extrusions” on the surface. The former can act as local stress concentration sites which may eventually lead to the formation of micro cracks.
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Fig. 4.4. Three Modes of  Cracking.
Fatigue crack propagation occurs through repeated crack tip blunting and sharpening effects which are in turn caused by microplastic deformation mechanisms operating at the crack tip (fig.4.5).

Fig.4.5. Schematics of fatigue crack propagation

[image: image87.wmf]
The rate of crack propagation, measured in terms of incremental crack growth per cycle of loading, depends primarily on the range of crack tip stress intensity, as follows:
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The most widely used expression, proposed by Paris, is:
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where K - stress intensity factor.
Stress intensity factor. The stress intensity factor, K is used in fracture mechanics to predict the stress state ("stress intensity") near the tip of a crack caused by a remote load or residual stresses.elastic It is a theoretical construct usually applied to a homogeneous, linear  material and is useful for providing a failure criterion for brittle materials. The concept can also be applied to materials that exhibit small-scale yielding at a crack tip.

The magnitude of K depends on sample geometry, the size and location of the crack, and the magnitude and the modal distribution of loads on the material.

Three linearly independent cracking modes are used in fracture mechanics. These load types are categorized as Mode I, II, or III.

The stress intensity factor for a through crack of length 2a, at right angles, in an infinite plane, to a uniform stress field σ is
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If the crack is located centrally in a finite plate of width 2b and height 2h, an approximate relation for the stress intensity factor is 
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The typical crack-growth-rate versus stress-intensity-range diagram is shown on fig.4.6. Three regions of different behavior can normally be identified on such data presentations:

1. The threshold region is attributed to very low levels of ΔKs, where the crack does not propagate. The ‘threshold’ region is strongly influenced by the mean stress.

2. The stable propagation region where the crack grows incrementally according to the Paris law.

3. The final unstable region, where the crack propagates more rapidly, often in a less uniformly incremental manner. In the unstable region, various mechanisms are responsible for the increased growth rate.
[image: image92.emf]
Fig.4.6. Crack-growth-rate versus stress-intensity-range diagram.
The useful aspect of fatigue crack growth laws is that they can be used to calculate the number of cycles required to propagate a crack from a given initial size to some final size which is critical for failure. Thus if the initial size is ai and the final size af we may write:
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In the above equations, the geometric factor β is assumed to be constant because the inclusion of a function of a/W within the integral sign will usually lead to a formulation which cannot be integrated analytically. In practice, it is more straightforward and very often sufficiently accurate to solve the fatigue life equation by splitting the crack growth history into a series of crack increments.
An average value within each step may then be used to calculate β and hence an average K is considered during the step. The average propagation rate within the step can then be calculated from the Paris Law. In the case of a pressure vessel, af may simply be defined in terms of a crack big enough to cause leakage, or one which results in the limiting fracture toughness being reached.
Characteristics of fatigue fracture surfaces. Typical fracture surfaces in mechanical components that were subjected to fatigue loads are shown in fig.4.8.
One characteristic feature of the surface morphology which is evident in both macrographs is the flat, smooth region of the surface exhibiting beach marks (also called clamshell marks). This part represents the portion of the fracture surface over which the crack grew in a stable, slow mode. The rougher regions, showing evidence of large plastic deformation, is the final fracture area through which the crack progressed in an unstable mode. The beach marks may form concentric rings that point toward the areas of initiation. The origin of the fatigue crack may be more or less distinct. In some cases a defect may be identified as the origin of the crack, in other cases there is no apparent reason why the crack should start at a particular point in a fracture surface. If the critical section is at a high stress concentration fatigue initiation may occur at many points, in contrast to the case of unnotched parts where the crack usually grows from one point only. While the presence of any defects at the origin may indicate the cause of the fatigue failure, the crack propagation area may yield some information regarding the magnitude of the fatigue loads and also about the variation in the loading pattern. Firstly, the relative magnitude of the areas of slow-growth and final fracture regions give an indication of the maximum stresses and the fracture toughness of the material. Thus, a large final fracture area for a given material indicates a high maximum load, whereas a small area indicates that the load was lower at fracture. Similarly, for a fixed maximum stress, the relative area corresponding to slow crack growth increases with the fracture toughness of the material (or with the tensile strength if the final fracture is a fully ductile overload fracture).
Beach marks are formed when the crack grows intermittently and at different rates during random variations in the loading pattern under the influence of a changing corrosive environment. Beach marks are therefore not observed in the surfaces of fatigue specimens tested under constant amplitude loading conditions without any start-stop periods. The average crack growth is of the order of a few millimetres per million cycles in high cycle fatigue, and it is clear that the distance between bands in the beach marks are not a measure of the rate of crack advance per load cycle.

However, examination by electron microscope at magnifications between 1,000x and 30,000x may reveal characteristic surface ripples called fatigue striations (fig.4.9, 4.10).
Although somewhat similar in appearance, these lines are not the beach marks described above as one beach mark may contain thousands of striations. During constant amplitude fatigue loading at relatively high growth rates in ductile material such as stainless steels and aluminium alloys the striation spacing represents the crack advancement per load cycle. However, in low stress, high cycle fatigue where the striation spacing is less than one atomic spacing (- 2.5 x 10-8m) per cycle. Under these conditions the crack does not advance simultaneously along the crack front, growth occurring instead only along some portions during a few cycles, then arrests while growth occurs along other segments. Striations are not seen if the crack grows by other mechanisms such as microvoid coalescence or, in brittle materials, microclevage. In structural steels the crack can propagate by all three mechanism, and striations may be difficult to observe.
[image: image97.jpg]High nominal stress

Smaath

[ oeres [smoorn

Notched

Tensian and tension-compression

Single deflection bending

Reversed bending

Rotating bending

¢dl¢¢
LJ

¢
<@ ¢e
L EElE

Figure 1

Fracture surfaces at high stress
and low stress {schematic)





Fig.4.8. Fracture surfaces at high stress and low stress (schematic).

[image: image98.emf]
Fig.4.9. Striations in the stable fatigue crack growth propagation in aluminium alloy
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Fig.4.10. Fatigue striations formation due to plastic blunting process
5. WIDESPREAD FATIGUE DAMAGE.

The development of widespread fatigue damage (WFD) in airplane structure is a concern for older airplanes.
Two types of multiple damages are known. The first type is the multiple site damage (MSD) (fig.5.1), which is characterized by the simultaneous presence of fatigue cracks in the same structural element. The second type is the multiple element damage (MED), which is characterized by the simultaneous presence of fatigue cracks in similar adjacent structural elements. Both, MSD and MED, are a source of widespread fatigue damage WFD which is reached when the MSD or MED cracks are of sufficient size and density that the structure will not longer meet its damage tolerance requirement.

Fig.5.1.Schematical representation of MSD in an aircraft fuselage.
The effect of MSD is shown in fig.5.2. The left hand diagram describes the effect of MSD on a single lead crack used to establish the inspection program. In the presence of MSD adjacent to the lead crack the critical crack or the residual strength, respectively, are reduced drastically. The right hand diagram shows the reduction of the crack growth period due to the reduction of the critical crack length.
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Fig.5.2. The effect of MSD on a crack.

Example 1. Boeing has made investigations about the effect of MSD on the residual strength of a lead crack. The residual strength load of a 14 inch (356 mm) long lead crack is reduced in the presence of adjacent MSD cracks of 0.05 inch (1.27 mm) by 30 percent. This demonstrates the dramatic effect even of small MSD cracks which are uninspectable by state of the art techniques.
Example 2. This skin splice at an aft pressure bulkhead is one area of airplane structure determined by the FAA to be susceptible to WFD (fig.5.3).
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Fig.5.3. Skin attachment to the aft pressure bulkhead: 1- pressurized fuselage skin; 2 - unpressurized fuselage skin; 3 - “Y”  - Tee chord; 4 – aft pressure bulkhead 
Example 3. This example  illustrated by figs. 5.4-5.6 deals with mentioned above Aloha Airline Flight 243.
The aircraft was fabricated in 1969 and had been in service for almost nineteen years. It had experienced 89,600 flight cycles before the accident. The single lap joint of the fuselage panel structures was manufactured by cold-bond process using scrim cloth and rivets. It was known that the cold-bonded joints have not enough durability in thermal and humid cycle condition. As a matter of course, fastener joints received heavy corrosion damage during 19-years operations. Under the thermal and humidity cycle conditions due to operation, the fuselage structure was subjected to Wide-spread Fatigue Damage (WFD), including Multiple-Site Damage (MSD). Moreover, the operator has not conducted the periodical inspection and maintenance of the structure required by Regulations even under such deteriorated condition. As a result, the operator overlooked cracks that were long enough to be found visually by passengers.
Detail analysis has revealed following failure sequence:

1. Bond-line and sealant had degraded at skin splices – Trapped moisture/moisture entry.

2. Corrosion developed in skin splice - stressing the skin around rivets.

3. Cracking initiated as stress corrosion cracking.

4. Pressurization caused cracks to grown.

5. Improper maintenance and surveillance.
6. Many cracks grew large and linked with adjacent cracks.

7. Total crack size was too large for tear straps to arrest.
8. Catastrophic decompression failure.
[image: image102.emf]
Fig.5.4. Schematics of Damage Cause to Aloha Airline Flight 243


a)                                                                     b)
    c)
Fig.5.5. Failure of  riveted structure: a) corrosion in riveted joint; b) nucleation of the crack at the ““knifeknife””edges of holes; c)) failure initiation in the critical upper row of fasteners

Fig.5.6. Stages of MSD evolution in Aloha’s fuselage skin
Fourteen areas are identified as potentially susceptible to WFD:
Fuselage: Longitudinal skin joints, frames and tear straps (MSD, MED); circumferential joints and stringers (MSD, MED); fuselage frames (MED); aft pressure dome outer ring and dome web splices (MSD, MED); other pressure bulkhead attachment to skin-web attachment to stiffener and pressure decks (MSD, MED); stringer to frame attachment (MED); window surround structure (MSD, MED); over wing fuselage attachments (MED); latches and hinges of nonplug doors (MSD, MED); skin at runout of large doubler (MSD).
Wing and empennage: Skin at runout of large doubler (MSD); chordwise splices (MSD, MED); rib to skin attachments (MSD, MED); stringer runout at tank end ribs (MED, MSD).
Residual structural strength R is the most important parameter of the multi-site fatigue damage. It is, obviously, the random function of time and depends on many random variables:

1) quantity k of emerging cracks in n potential sources of fatigue damage;

2) size of cracks Li (i = 1, …, k) and their distribution on the sources;

3) the degree of influence of cracks on the stressed state in the sources of fatigue damage;

4) the degree of reciprocal effect of cracks to the rate of their increase.

As a result residual structural strength with operating time N (duration parameter for load of construction) is the random function of many variables R(N, L i , k,n,...).

If Radm – is the permissible residual strength on the conditions of airworthiness, then equation R(N* , L i , k, n,...) = Radm, determines the random maximum operating time N*, by reaching it will make the construction inefficient.

Analyzing the equation, it is easy to see that the residual strength is the implicit function of operating time. This means that its level directly depends on the dimensions of crack, their quantity, mutual arrangement and etc. In this situation the task for determining N* can be divided into two independent tasks:

1) the definition of residual strength as a certain determined function of quantity k, dimensions of crack Li and of their mutual arrangement;

2) the determination of the random configuration of multi-site fatigue damage depending on operating time N.

Thus, the task of determining the maximum operating time before the reaching the lower permissible boundary of residual strength consists of determined and random component. The requirement of the first task is to use methods of mechanics of destruction. Here primary attention is paid to the second task.

The determination of the random configuration of multi-site fatigue damage is to offer the following stages:

1) determination with the given time N of the distribution of damages between the separate sources pi(N);

2) determination of the standard probable configurations of multi-site fatigue damage;

3) determination of the residual strength Rk for each standard configuration with the given time.

6. DESIGNING FOR DAMAGE TOLERANCE.
The discussion above was touching on available phenomenological and prediction models for fatigue lives and crack growth. Unfortunately, highly accurate predictions can not be guaranteed. As a result, experimental guidance and verifications may be necessary.

Although available tools for calculations and experiments are powerful by now, the initial efforts in the design office should be associated with relevant design options including new design concepts. In the present lecture attention will be focused on designing against fatigue and designing for damage tolerance. It will be done by considering some topics of current interest associated with structural concepts, material selection and production.
Fuselage skin cracks and crack stopping elements. Since the Aloha accident in 1988 fatigue cracks in riveted lap joints of an aircraft fuselage are supposed to be fatigue critical elements of the structure. The occurrence of MSD has also been observed in other aircraft. Small cracks were initiated at rivet holes of a longitudinal lap joint more or less midway between the frames.

This should be expected because the hoop stress is usually lower at the frames due to the constraint on radial expansion. This pillowing effect depends on the stiffness of the frame to skin connection.
The Aloha accident has stimulated the application of crack stopper elements. Two different options are sketched in figs. 6.1, 6.2.
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Fig.6.1. Continuous crack stopper bands around the fuselage, stopping fatigue cracks in the lap joints and other cracks outside the lap joint.
[image: image104.emf]
Fig.6.2.Local crack stopper at the lap joints only
Local patches of a Ti-alloy are applied in Airbus aircraft in order to stop fatigue cracks in the longitudinal lap joints. However, crack stopper bands fully around the fuselage can also stop crack growth from unintentional damage outside the lap joints.
Obviously, the choice has consequences for the damage tolerance evaluation, and also for the construction of the fuselage and the production in the shop. It may be said that Finite Elements Method calculations can be highly instructive for the comparison of different design concepts. The frame distance could also be an interesting design variable.

Obviously, such an exploratory design analysis requires skill, imagination and engineering judgment, quite a challenge.

Riveted lap joints and single strap joints. Riveted joints in fuselage structures have caused fatigue problems in several aircraft types. Actually, this is not surprising if it is realized that a connection between two skin sheets is made by a number of local connections, i.e. by fasteners. A continuous connection obtained by an adhesive bonded lap joint is a much superior joint with significantly better fatigue properties. True enough, it requires a different production technology and quality control.

Moreover it may be recalled here that the number of pressurization cycles of a fuselage in the service life of an aircraft is not extremely high from a fatigue point of view. The old Aloha Airlines aircraft compiled 89680 flights which is a relatively large number for a transport aircraft, and still not exceeding N = 105 cycles.

A major aspect for fatigue of a lap joint is the eccentricity occurring in the overlap (fig. 6.3). A tension load introduces so-called secondary bending. This also applies to single strap joints used for circumferential fuselage joints.

Fig.6.3. A tensile load on a riveted lap joint induces secondary bending.
Depending on the joint design, the bending stress can easily be as large as the applied tensile stress. A first estimate of secondary bending can be made by the simple neutral line model. It shows that a larger overlap significantly reduces secondary bending; see the bending factor in table 6.1.
Table 6.1.The effect of the distance between the rivet rows on the bending factor Kb = σbending / σtension
[image: image105.emf]
In general, the load transmission in a multi-row lap joint occurs for a larger part by the first and the last rivet row. Fatigue cracks are initiated in these rows. Calculations on the load transmission by all rivets rows are more realistic if fastener flexibility is taken into account. However, the outer rivet rows are still the most critical ones. Local reinforcements of the overlap have been applied in fuselage structures to improve the fatigue properties. It reduces the nominal stress level but it increases the eccentricities, and thus secondary bending. Secondary bending calculations can then be instructive. Instead of local reinforcements, secondary bending can be reduced by a local reduction of the sheet thickness. Moreover, it will reduce the load transmission in the critical outer rows, but the effect must still be verified by fatigue tests. Anyway, it may be stated that stress analysis can contribute to an improved design of riveted joints.

Lug connections. A sketch of a triple lug is presented as a kind of a fail-safe design (fig.6.4). 
Lugs are known to have relatively low fatigue strength. The serious fatigue cracking in one lug, implies that the other two lugs will still have a substantial load carrying capacity. However, a fatigue crack in one of the lugs will substantially reduce the load transmitted by this lug because of the reduced stiffness. As a consequence, the other two lugs must carry an increased load. It may not be expected that crack initiation in the other two lugs will wait until the first one has a large crack. Cracks will probably grow more or less simultaneously in all three lugs.
[image: image106.emf]
Fig.6.4. Lug connection with three lug heads.
The Leonardo da Vinci argument for the extra chord is not applicable to the triple lug. Furthermore, inspection of a triple lug for cracks starting inside the hole requires dismounting of the joint and a special inspection technique. This example illustrates that a realistic scenario of possible failure modes and consequences for maintenance and inspections should always be made.
Back-to-back structure. The so-called back-to-back structures have been adopted by some aircraft industries. Components, usually small ones, were cut in two parallel parts which then were again joined by adhesive bonding. The idea is similar as for the triple lug. If a fatigue crack occurs in one part, the other part can still carry some load. Also in this case the benefit is questionable, and it requires an extra production step.

Material selection. High strength aluminium alloys. Of the three basic structural materials, namely wood, steel and aluminium alloy, only wood is no longer of significance except in laminates for non-structural bulkheads, floorings and furnishings. Most modern aircraft still rely on modified forms of the high strength aerospace aluminium alloys which were introduced during the early part of the 20th century. Steels are used where high strength, high stiffness and wear resistance are required. Other materials, such as titanium and fibre-reinforced composites first used about 1950, are finding expanding uses in airframe construction.
The origin of aluminium alloys in aircraft construction started with the first practical all-metal aircraft in 1915 made by Junkers in Germany, of materials said to be `iron and steel'. Steel presented the advantages of a high modulus of elasticity, high proof stress and high tensile strength. Unfortunately these were accompanied by a high specific gravity, almost three times that of the aluminium alloys and about ten times that of plywood. Aircraft designers during the 1930s were therefore forced to use steel in its thinnest forms. To ensure stability against buckling of the thin plate, intricate shapes for spar sections were devised.

In 1909 Alfred Wilm, in Germany, accidentally discovered that an aluminium alloy containing 3.5 percent copper, 0.5 percent magnesium and silicon and iron, as unintended impurities, spontaneously hardened after quenching from about 480°C. The patent rights of this material were acquired by Durener Metallwerke who marketed the alloy under the name Duralumin. For half a century this alloy has been used in the wrought heat-treated, naturally aged condition. The improvements in these properties produced by artificial ageing at a raised temperature of, for example, 175°C, were not exploited in the aircraft industry until about 1934.

In addition to the development of duralumin (first used as a main structural material by Junkers in 1917) three other causes contributed to the replacement of steel by aluminium alloys. These were a better understanding of the process of heat treatment, the introduction of extrusions in a wide range of sections and the use of pure aluminium cladding to provide greater resistance to corrosion.
Relevant material properties for fatigue and damage tolerance are fairly well documented in the literature, and also in industry handbooks. In other words, the designer knows whether a material has good or poor fatigue properties. Also data about residual strength properties and the fracture toughness of a material are usually available. If a high static tensile strength is required for a component, high strength alloys may be a good choice. For aluminium alloys the relatively high S0.2 and SU of 7075-T6 (analogue of the В95)  can be advantageous if compared to the lower values for 2024-T3 (analogue of the Д16). However, fatigue lives of notched elements and crack growth properties are usually better for the 2024-T3 alloy which may well be related to a better ductility of this alloy. It should be remarked here that good fatigue properties of a structural component can also be achieved by a locally reduced nominal stress level. The weight penalty may be limited. Moreover, a special production treatment can be adopted to introduce favorable compressive residual stresses in the fatigue critical notch area. A well-known example is plastic hole expansion for which apparatus is commercially available. It then is noteworthy that larger compressive residual stresses can be introduced in 7075-T6 if compared to 2024-T3. It is a matter of judgment whether a designer will choose for such a “trick”. Some reluctance stems from a more elaborate quality control. Another solution for lugs is to insert a bush with an interference fit which causes favorable pretension around the hole.

New Al-alloys are almost continuously under development. Al-Li-alloys are not yet generally considered to be a good choice, but it may change in the future. The purified 2524 alloy is an alternative for the 2024-T3 material because of a high KIc which is favorable for residual strength of a cracked structure.

An entirely different approach to fatigue problems is to use fatigue insensitive materials.
7. COMPOSITE MATERIALS.
Various composite materials are used in aircraft structures  because of their strength, and weight savings. Composites also offer resistance to fatigue, corrosion and impact damage.
A good example of composite application is Boeing 787. The Boeing 787 makes greater use of composite materials in its airframe and primary structure than any previous Boeing commercial airplane. The airframe comprises nearly half carbon fiber reinforced plastic and other composites. This approach offers weight savings on average of 20 percent compared to more conventional aluminum designs.

Selecting the optimum material for a specific application meant analyzing every area of the airframe to determine the best material, given the operating environment and loads that a component experiences over the life of the airframe. For example, aluminum is sensitive to tension loads but handles compression very well. On the other hand, composites are not as efficient in dealing with compression loads but are excellent at handling tension. The expanded use of composites, especially in the highly tension-loaded environment of the fuselage, greatly reduces maintenance due to fatigue when compared with an aluminum structure. This type of analysis has resulted in an increased use of titanium as well. Where loading indicates metal is a preferred material system but environmental considerations indicate aluminum is a poor choice, titanium is an excellent low-maintenance design solution. Titanium can withstand comparable loads better than aluminum, has minimal fatigue concerns, and is highly resistant to corrosion. Titanium use has been expanded on the 787 to roughly 14 percent of the total airframe. Every structural element of the 787 has undergone this type of life-cycle analysis and material types are based on a thorough and disciplined selection process.

In addition to lowering the overall airplane weight, moving to a composite primary structure promises to reduce both the scheduled and nonroutine maintenance burden on the airlines.

Reduced scheduled maintenance. Experience with the Boeing 777 proves that composite structures require less scheduled maintenance than noncomposite structures. For example, the 777 composite tail is 25 percent larger than the 767’s aluminum tail, yet requires 35 percent fewer scheduled maintenance labor hours. This labor hour reduction is due to the result of a reduced risk of corrosion and fatigue of composites compared with metal.

Reduced nonroutine maintenance. A composite structure also results in less nonroutine maintenance. The 777 floor structure is all composite and highlights the advantages of this material when applied in a harsh environment. Airline operators are aware of the fatigue cracking and corrosion difficulties experienced with traditional aluminum floor beams. The 777 model has been flying for more than 10 years with more than 565 airplanes in the fleet and to date has not replaced a single composite floor beam.

Boeing has also implemented a rigorous process for evaluating the use of aluminum that combines likelihood of corrosion with consequence of corrosion. This scoring system provides a definitive measure for establishing acceptable application of aluminum in the design with full understanding of the maintenance implications.

Corrosion and fatigue in a structure add significantly to the nonroutine maintenance burden on an operator. Nonroutine maintenance frequently doubles or even triples the total labor hours expended during a maintenance check. With the expanded use of composites and titanium combined with greater discipline in usage of aluminum, Boeing expects the 787 to have much lower nonroutine labor costs than a more conventional metallic airframe.

In addition to using a robust structural design in damage-prone areas, such as passenger and cargo doors, the 787 has been designed from the start with the capability to be repaired in exactly the same manner that airlines would repair an airplane today — with bolted repairs. The ability to perform bolted repairs in composite structure is service-proven on the 777 and offers comparable repair times and skills as employed on metallic airplanes. (By design, bolted repairs in composite structure can be permanent and damage tolerant, just as they can be on a metal structure.)

In addition, airlines have the option to perform bonded composite repairs, which offer improved aerodynamic and aesthetic finish. These repairs are permanent, damage tolerant, and do not require an autoclave. While a typical bonded repair may require 24 or more hours of airplane downtime, Boeing has taken advantage of the properties of composites to develop a new line of maintenance repair capability that requires less than an hour to apply. This rapid composite repair technique offers temporary repair capability to get an airplane flying again quickly, despite minor damage that might ground an aluminum airplane.

In total, the reduced risk of corrosion and fatigue associated with composites combined with the composite repair techniques described will lower overall maintenance costs and maximize airline revenue by keeping airplanes flying as much as possible.
Some design features relevant to composites of the Boeing 787 and Boeing 777 are presented in table 7.1.

Table 7.1. Composites and aluminium alloys in the Boeing 787 and Boeing 777.
	Plane
	Composites, %
	Aluminium,

%

	Boeing 777
	12
	50

	Boeing 787
	50
	20


As a result of the composites application the number of stress concentrators can be reduced (table 7.2).

Table 7.2. Number of stress concentrators in Boeing 747 and  Boeing 787.
	Plane
	Holes drilled into fuselage during assembly

	Boeing 747
	1 million 

	Boeing 787
	Fewer than 10,000


What are composites? Composites are different from metals and are combinations of materials differing in composition or form. The constituents retain their identities in the composites, and do not dissolve or otherwise merge completely into each other, although they act together. Reinforced concrete is an excellent example of a composite structure in which the concrete and steel still retain their identities. The steel bars carry the tension loads, and the concrete carries the compression loads. In aircraft construction, the term composite structures refers to fabric resin combinations in which the fabric is embedded in the resin, but still retains its identity.
Advanced composite materials consist of new high strength fibers embedded in an epoxy matrix. These composites provide for major weight savings in airplane structures, since they have high strength to weight ratios. When replacing aluminum structure with graphite/epoxy composite, weight reductions of 20% or better are possible. Weight reduction is the greatest advantage of composite material, and is one of the key items in decisions regarding its selection. Other advantages over conventional structure include, its high corrosion resistance, and its resistance to damage from cyclic loading (fatigue).

The major disadvantage of using advanced composite materials in airplane construction is the relatively high cost of the materials.

Composite Hybrids. Hybrids are made by the addition of some complementary material such as fiberglass or kevlar to the basic carbon fiber/epoxy matrix. The added materials are used to obtain specific material characteristics, such as greater fracture toughness and impact resistance, and should be considered for areas subject to foreign object damage. The addition of carbon / epoxy to fiberglass structure is used to provide additional stiffness.

Example. In the case of the Antonov Design Bureau, composites have been incorporated into aircraft designs since the early 1970s. A team of Antonov engineers initially began designing and manufacturing composite components to replace noncritical metallic parts such as doors, trim tabs and panels, but in the few years that followed, comparative performance tests convinced the company that composites could meet design specifications, so they were put into production. In 1975, the AN-72 model carried approximately 980 kg/2,156 lb of fiber-reinforced polymer in the belly fairing, engine nacelles, radome and other areas. The AN-124 super heavyweight model, incorporated composite parts throughout the airframe for a total of 5,500 kg/12,100 lb.

The experience accumulated during the first stage opened the way for the transfer from low-stressed and medium-stressed composite structural components to highly loaded structures.
In the late 1980s, design work began on the AN-70 transport model. The decision was made to develop composite torsion boxes for the tail structure. Antonov designers wanted a "clean sheet," or a completely new design concept to fully exploit the unique properties of composites, while eliminating stress concentrators, minimizing the potential for impact damage and making production as straightforward and automated as possible. Their concept was an "integral" torsion box structure for the vertical and horizontal stabilizers.
The design for the 10m/32.5-ft high vertical stabilizer and the two 7m/22.75-ft long horizontal stabilizer torsion boxes essentially involves tape-wound, hollow rectangular spar sections with spar caps (five in the vertical stabilizer and four in the horizontal stabilizer), molded with each other and covered with a core and outer skins to form a sandwich. The walls of the hollow spars and the outer sandwich skins, loaded primarily in shear, are designed with a high percentage of ±45° fibers. The unconventional sandwich core consists not of honeycomb, but 15-mm/0.6-inch-square continuous carbon fiber prepreg tubing — wound with ±45° prepreg tape — bonded to the spars and oriented chord-wise (i.e., parallel to the air flow, or front to back). Spar caps are made mainly with unidirectional prepreg tape. Root and tip ends of the spar caps are reinforced and the parts are attached to the fuselage with metallic fittings at a flange joint.
The deformation of the integral structure under load differs considerably from the deformation of a traditional ribbed and riveted structure, which required a new approach for stress and strain analysis. Analytical tools and an in-house software program were developed to allow accurate strain analysis and optimum use of the composite material for this unusual design.
The prototype AN-70 was completed in early 1994 with 6,700 kg/14,740 lb of composites.

Scheme of the composite manufacturing presented in the     fig.7.1.
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Fig.7.1. Composition of composites.

Table 7.3. Advantages and disadvantages of composite materials.
	Advantages
	Disadvantages

	Weight reduction
	Some higher recurring costs 

	Corrosion resistance
	Higher nonrecurring costs

	Tailorable mechanical properties
	Nonvisible impact damage

	Fatigue resistance
	Repairs are different than those to metal structures 

	Lower assembly costs (fewer fasteners,etc.)
	Isolation needed to prevent adjacent aluminium part galvanic corrosion


  8. THE ROLE OF FATIGUE TESTS IN THE ASSESSMENT OF AIRCRAFT SERVICE LIFE. 
8.1. Full scale testing of aircraft structures.

Aircraft testing is essential to the design, development, and acceptance of any new aircraft.

In Airworthiness Standards of the USSR civil aviation a lot of attention was paid to the test results of full-scale laboratory fatigue and damage tolerance tests.
All the airplane types of former Soviet Union were full-scale fatigue tested with safety factor of 3 relatively to design goal.
By several full-scale structures of every airplane type had been tested including those taken from operation. The nondestructive inspection methods were approved while tests for principal structural elements. After test completion the structure was disassembled to inspect it and detect small fatigue cracks. Analytical methods for calculating structural fatigue and damage tolerance have been corrected basing on test results.
Aircraft and their components are tested to verify design theories, obtain empirical data where adequate theories do not exist, develop maximum flight performance, demonstrate flight safety, and prove compliance with performance requirements. Testing programs originate in laboratories with the evaluation of new design theory; progress through extensive tests of components, subsystems, and subsystem assemblies in controlled environments; and culminate with aircraft tests in actual operational conditions.

Definition.  Fatigue tests are made with the object of determining the relationship between the stress range and the number of times it can be applied before causing failure. Testing machines are used for applying cyclically varying stresses and cover tension, compression, torsion and bending or a combination of these stresses.
Proof load tests of actual aircraft are usually done on one or more of the first airframes built. An airframe, mounted in a laboratory, is fitted with thousands of strain gages, the outputs of which are recorded on an automatic data-recording system (fig.8.1, table 8.1).
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Fig.8.1. A350 XWB Full Scale Static Test Aircraft
Simulated air and inertia loads are applied to airframe components, which are loaded simultaneously, in specified increments, to simulate loads encountered during takeoff, maneuvering flight, and landing. Loadings are increased to design limit and then to ultimate failure to locate possible points of excessive yield. Component parts and system subassemblies are also tested with various loadings while operating under expected extremes of temperature, humidity, and vibration to determine service life.
Table 8.1.  Duration of the Boeing planes full-scale testing
	Plane
	Number of cycles
	Mode of testing

	Boeing 707
	50 000
	Test in the water tank (the fuselage carried out tests in a water tank as a failure in a water tank will be safer for the surrounding test equipment  and including the personnel.

	Boeing 727
	60 000
	Test of the whole structure

	Boeing 727
	170 000
	47 000 cycles in operation
123 000 cycles by pressure

	Boeing 737
	150 000
	Testing by pressure and mechanical loading

	Boeing 737
	129 000
	59 000 cycles in operation + 70 000 cycles by pressure 

	Boeing737NG
	225 000
	By pressure 

	Boeing 777
	120 000
	Test of the whole structure 


As it is seen from the table 8.2 fatigue analysis has provided the significant service life extension of the planes made in the USSR.
Example of special test. A 30-ft/s vertical drop test of a fuselage section of a Boeing 737 aircraft was conducted in October, 1999 at the FAA Technical Center. This test was performed to evaluate the structural integrity of a conformable auxiliary fuel tank mounted beneath the floor and to determine its effect on the impact response of the airframe structure and the occupants. The test data were used to compare with a finite element simulation of the fuselage structure and to gain a better understanding of the impact physics through analytical/experimental correlation. The emphasis of the simulation was to predict the structural deformation and floor-level acceleration responses obtained from the drop test of the B737 fuselage section with the auxiliary fuel tank.

The test article is a 10-foot section of a Boeing 737-200 airplane from fuselage stations (FS) 400 to 500A (520).
Table 8.2. Service life extension as a result of fatigue researches
	Plane
	Service objectives
	Extended service life
	The ratio of the  Service objectives  to  the Extended service life 

	
	Number of flights
	Number of hours
	Years
	Number of flights
	Number of hours
	Years
	By number of flights
	By number of hours
	By years

	AN-12
	8000
	20000
	10
	17000
	50000
	45
	2,125
	2,50
	4,50

	AN-24
	20000
	22000
	20
	42000
	60000
	40
	2,10
	2,72
	2,00

	IL-18
	10000
	30000
	20
	21500
	50000
	42
	2,15
	1,66
	2,10

	IL-62
	7500
	30000
	20
	8750
	4500
	25
	1,16
	1,50
	1,25

	IL-76
	10000
	30000
	20
	8000
	30000
	30
	0,80
	1,00
	1,50

	Tu-134А
	20000
	30000
	15
	28000
	45000
	30
	1,40
	1,50
	2,00

	TU-154B
	15000
	30000
	15
	18000
	45000
	25
	1,20
	1,50
	1,66


The fuselage was configured with six triple-occupant passenger seats. The middle position of each seat contained an instrumented anthropomorphic dummy, and the remaining seats contained mannequins, each weighing approximately 165-lbs.

A conformable auxiliary fuel tank was filled with 404-gallons of water and mounted beneath the floor of the fuselage section. The fully instrumented fuselage section weighed 8,754-lbs including the approximately 4,000 pound fuel tank. The outer floor beams at each end of the test section were reinforced to minimize open-end effects.

The fuselage section was instrumented with accelerometers placed on the seat rails and side-walls of the fuselage section. In total, approximately 120-channels of data were collected at 10,000 samples/second during the impact test.

Table 8.3 illustrates the volume of the fatigue tests carried out for some popular machines.
Table 8.3. The number of fatigue full scale tests for some USSR’s planes.
	Plane
	New structures
	After operation

	
	Full Scale Plane
	Wing
	Fuselage
	Full Scale Plane 
	Wing

	AN-12
	2
	-
	-
	4
	-

	An-24
	1
	1
	3
	3
	2

	Il-18
	1
	3
	1
	3
	-

	Il-62
	2
	1
	-
	-
	1

	Il-76
	1
	2
	2
	-
	-

	Tu-134
	1
	2
	2
	1
	1

	Tu-154
	4
	-
	1
	1
	-


Damage to the fuselage section consisted of severe yielding and fracture of the lower fuselage frames and wrinkling of the skin on the lower left side of the fuselage section. The deformation of the lower fuselage was asymmetric about the centerline due to the presence of the door and associated stiffeners located on the lower right-hand side of the fuselage. On the left hand side, a second damage site developed with fracture of fuselage frames. Similar damage is not seen on the right-hand side of the fuselage. The auxiliary fuel tank was punctured, which allowed post-test leakage.

The correlation between the analytical predictions and the experimental results from the vertical drop test of a B737 fuselage section shows that the simulation properly predicted the sequence of events including the time of contact between the tank and the cargo and passenger floors. The predicted velocities for the left and right sides of the floor closely matched the experimental data.

The predicted buckling of the left side of the fuselage and the failures of the bulkhead frames in the center and on the right side were nearly identical to the observed deformations and failures. Also, the predicted peak values of floor accelerations were typically within 10 to 20 percent of the experimentally measured values. Considering the complexity of this problem due to the presence of the fuel tank and the number of approximations made in the model development, including the fuselage geometry and material properties, the model performed well in predicting the outcome of the test. With more accurate material properties, failure criteria, and fuselage geometry, improved correlation may be obtained. The degree of analytical and experimental correlation obtained for this simulation illustrates the potential of transient dynamic finite element modeling as a design tool for aircraft crashworthiness.

8.2. Test of the specimens.
Rotating bending machines were used in the past to generate large amounts of test data in a relatively inexpensive way. Two types are shown schematically in fig.8.2. The computer-controlled closed loop testing machines are widely used in all modern fatigue testing laboratories. Most are equipped with hydraulic grips that facilitate the insertion and removal of specimens. A schematic diagram of such a testing machine is shown in fig.8.3. These machines (fig.8.4) are capable of a precise control of almost any type of stress-time, strain-time or load pattern and are therefore replacing other types of testing machines.
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Fig.8.2.  Rotating bending fatigue testing machines: a – cantilever type; b – four-point bending type
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Fig. 8.3. Servo-hydraulic testing machine (schematich).


[image: image112]
Fig. 8.4. Servo-hydraulic testing machine in the Fatigue Test Laboratory of the Aircraft Design Department of National Aviation University (Ukraine)

Some typical and special specimens for fatigue tests being used in the researches in the National Aviation University are shown in fig.8.5 -8.7.


Fig.8.5.  Standard specimen for fatigue test
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а)                                                       б)
Рис.8.6. Specimen prepared from the skin of ANTONOV-24 fuselage: 
a) external surface; b) internal surface
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         а)                                                                  b)
Fig.8.7. Multi-rivets specimen: a) internal surface; b) fatigue crack in the specimen.

A great number of machines’ parts subjected to multiaxial fatigue. The cyclic stress–strain responses under multiaxial loading, which depend on the loading-path, are very complex and the fatigue behavior of materials and structures is very difficult to be described. Multiaxial fatigue criteria, whose aim is to reduce the complex multiaxial loading to an equivalent uniaxial loading, are very important in the study of multiaxial fatigue. Up to now, many researchers have proposed multiaxial fatigue criteria suitable to different materials and different loading conditions. There is not yet a universally accepted model in spite of a great number of criteria, thus multiaxial tests are necessary.
Real construction components are often made in the form of flat or gently curved panels. Multiaxial test of such components commonly provided by the loading of cruciform specimens, for example presented on the  (fig.8.8.) on special test machines (fig.8.9).

Fig.8.8. Cruciform specimen with identification of forces

[image: image117.emf]
Fig.8.9. Schematic illustration of the biaxial test set-up

9. NON-DESTRUCTIVE TESTING IN AIRCRAFT MAINTENANCE.
In aircraft maintenance programme it is important to inspect the mechanical damage and assess the extent of the repair work. But in schedule maintenance it is a difficult to finding the defects rapidly, as the maintenance of aircraft must be accomplished within scheduled time and same to be released in time for commercial operation.
During aircraft maintenance Nondestructive Testing (NDT) is the most economical way of performing inspection and this is the only way of discovering defects. In simply we can say, NDT can detect cracks or any other irregularities in the airframe structure and engine components which are obviously not visible to the naked eye.
Structures and different assemblies of aircraft are made from various materials, such as aluminium alloy, steel, titanium and composite materials. To dismantle the aircraft in pieces and then examine each component would take a long time, so the NDT method and equipment selection must be fast and effective.
In the present trend of NDT application on aircraft 70-80% of NDT is performed on the airframe, structure, landing gears and the rest carried out on engine and related components.

In order to maintain the aircraft defects free and ensure a high degree of quality and reliability and as a part of inspection programme, usually following NDT methods are applied: Liquid penetrant; Magnetic particle; Eddy current; Ultrasonic; Radiography (x-ray/gama ray); Visual/Optical; Sonic/Resonance; Infrared Thermography.
Liquid Penetrant. Liquid penetrant testing is one of the oldest of modern nondestructive testing methods and widely used in aircraft maintenance. Liquid penetrant testing can be defined as a physical and chemical nondestructive procedure designed to detect and expose surface connected discontinuities in 'nonporous' engineering materials.
The fundamental purpose of penetrant testing is to increase the visible contrast between a discontinuity and its background. This is achieved by treating the area with an appropriately formulated liquid of high mobility and penetrating power (which enters the surface cavities), and then encouraging the liquid to emerge from the developer, to reveal the flaw pattern under white light (when visible dye penetrants are used) or under ultraviolet light (when fluorescent penetrants are used). Evaluation also conduct with the aid of 3X to 5X magnification. The objective of liquid penetrant testing is to provide visual evidence cracks, porosity, laps, seams of other surface discontinuities rapidly and economically with high degree of reliability.
Equipment. Various types of penetrant test units are used in aircraft maintenance:
- Portable Equipment: Penetrants materials are available in 'Aerosol spray cans' in small containers for brush or wipe application. With these aerosol can penetrant testing are performed on installed parts on aircraft's, structure or in power plants;
- Stationary Test Equipment: This type of equipment is most frequently used in fixed installations, consists of a series of modular work stations. Typical stations are as follows: a) deep tanks for penetrant b) emulsifier & developer c) a number of drain or dwell areas d) a wash area with appropriate lighting e) drying oven and f) an inspection booth.

- Small Parts Test Unit: These inspection units designed for processing aircraft small parts. The units are smaller than the stationary system. Small parts are loaded into wire baskets & then processed through each of the stations.
- Automated Test System: In this penetrant testing process penetrant application, washing, and drying are automatic, but developer application, the ultraviolet light inspection & interpretation are manually performed by an inspector. Large aircraft components are inspected in this automatic system.

Applications. Detection of surface detects or structural damage in all materials of aircraft. Fluorescent penetrants are used in critical areas for more sensitive evaluation.
Key Points. Fast and simple to use, inexpensive and easily transportable. Can detect very small surface discontinuity. Can be used on aircraft or in the workshop. Frequently used to confirm suspected defects. Area to be cleaned before and after check.

Magnetic Particle. Magnetic particle testing is a sensitive method of nondestructive testing for surface breaking and some sub-surface discontinuation in 'ferro-magnetic' materials.

The testing method is based on the principle that magnetic flux in a magnetised object is locally distorted by the presence of discontinuity. This distortion causes some of the magnetic field to exit and re-enter the test object at the discontinuity. This phenomenon is called magnetic flux leakage. Flux leakage is capable of attracting finely divided particles of magnetic materials that in turn form an 'indication' of the discontinuity. Therefore, the test basically consists of three operations: a) Establish a suitable magnetic flux in the test object by circular or longitudinal magnetization; b) Apply magnetic particles in dry powder of a liquid suspension; and c) Examine the test object under suitable lighting conditions for interpreting and evaluating the indications.
Fluorescent or black oxide particles in the aerosol cans are used during critical areas of aircraft structure/components inspection when using either permanent or electromagnets. Fluorescent particle inspection method is evaluated by black light (Black light consists of a 100 watt mercury vapour projection spot lamp equipped with a filter to transmit wave length between 3200 to 3800 Angstrom unit and absorb substantially all visible white light).
Equipment. Following types of equipments are used for magnetic particle inspection:

- Stationary magnetic flux machines: Fixed cabinet with fluid suspension circulation and delivery system, adjustable position of coils, head stock and moveable tail stock used for, inspecting still parts removed from engine and aircraft.
- Mobile portable magneticflux machine: Hand carried or dolly transported with limited of current facility.

- Electromagnet yokes (adjustable): Suitable for inspecting irregular shaped parts for surface defects.
- Permanent magnet: It is used in isolated critical area of small and large parts in aircraft.
Applications. Simple in principle, easily portable. Fast and effective for surface and subsurface defects in ferromagnetic materials of any shape, removed from engines, pumps, landing gear, gear boxes, shafts, shock struts etc. Widely used for bolts inspection.

Key Points. Only suitable for ferro-magnetic materials. Demagnetisation procedure is required. Positional limitations - a magnetic field is directional & best results must be oriented perpendicular to the discontinuity.
Eddy Current. Eddy current tests are important test and widely used method within the broad field of Nondestructive materials and evaluation. This method is particularly well suited for the detection of service induced cracks usually caused either by fatigue or by stress corrosion. Eddy current inspection can be performed with a minimum of part preparation and a high degree of sensitivity.
Eddy currents are electrical currents induced in a conductor of electricity by reaction with alternating magnetic field. Eddy currents are circular and oriented perpendicular to the direction of the applied magnetic field. The a) electrical conductivity b) magnetic permeability c) geometry and d) homogeneity of the test object, all affects the induced currents.

The electrical conductivity and magnetic permeability of a material is influenced by its chemistry and heat treat condition. Mixed lots of materials or parts subjected to fire or excessive heat damage can be quickly and easily separated (conductivity testing). Changes in the geometry and homogeneity of the test object will change the magnitude and distribution of the eddy currents. By monitoring these changes, the presence of cracks and other flaws can be detected.
The eddy current inspection system basically consists of five functions: a) Oscillator; b) Test coil absolute or differential; c) Bridge circuit; d) Signal processing circuits; e) Read out or display.

Equipment. Usually for aircraft eddy current inspection following test instruments are used:
- Meter display instrument - It comprises a graduated scale in milliampers of moveable meter needle. The amplitude of needle movement in proportional to the impedance of the test circuit;
- Impedance plane display instrument - It features a 'flying dot' on a CRT, LCD or video display. The position of flying dot indicates the impedance of the test circuit, but also displays effect of both resistance and reactance presenting both phase and amplitude information;
- Linear time base display instrument - It is usually used with rotating open hole probe scanners. The 'horizontal position' of the signal on the display indicates sensor clock pPosition in the hole & the 'vertical peak' of the signal indicates amplitude of response;
- Bargraph display instrument - It features on LCD read out bar scale graduated in voltage sensitive increments. The position of the display indication is adjustable from one bar to full scale.

Compatibility with the instrument and material selection different types of probes are used. Such are: High frequency surface and bolt hole probes; high frequency special probes (counter sink plug and shaped); low frequency probe (spot encircling and shaped); sliding probe (driver/receiver).

Applications. Eddy current test is used to detect surface & subsurface defects, corrosion in aircraft structures, fastener holes and bolt holes. Surface detects and conductivity testing by high frequency and sub-surface detects by low frequency methods.

Routine eddy current inspection is carried out on aircraft under carriage wheel hubs for cracks also used to detect cracks in different tubes, tublar components of aircraft and engine.
Key Points. Only applicable to conductive materials (ferrous, non ferrous and austenitic components). Calibration standards and trained operator required. Fast and portable. Spacial probes required for variation of materials and accessibility.
Ultrasonic. Sound with a frequency above the limit of audibility is called 'ultrasonic'. It ranges with a frequency of 0.2 MHz to 800 MHz.
Ultrasonic inspection provides a sensitive method of nondestructive testing in most materials, metallic, nonmetallic, magnetic or nonmagnetic. It permits the detection of small flaws with only single surface accessibility and is capable of estimating location and size of the defect. Providing both surfaces are parallel, ultrasonics may be used for thickness measurement, where only one surface is accessible. The effective result of an ultrasonic test is heavily dependent on subject surface condition, grain size and direction and acoustic impedance. Ultrasonic techniques are very widely used for the detection of internal defects in materials.
Ultrasonic inspection operates on the principle of 'transmitted' and 'reflected' sound wave. Sound has a constant velocity in a given substance; therefore, a change in the acoustical impedance of the material causes a change in the sound velocity at that point producing an echo. The distance of the acoustical impedance (flaw) can be determined if the velocity of the sound in the test material, and the time taken for the sound to reach and return from the flaw is known.
Ultrasonic inspection is usually performed with two techniques: Reflection (Pulse echo) technique;through transmission technique. 'Pulse echo' technique is most widely used in aircraft maintenance inspection.
Equipment. The ultrasonic flaw detection equipment comprises with the following basic elements: Cathode ray oscilloscope; Timing Circuit; Rategenerator; RF pulser; Amplifier and; Transducer (search unit).
Acoustic energy (transmitted or reflected) are presented, displayed or recorded in four ways:
- A-Scan: The basic components of 'pulse echo' system. Employs a stand video, cathode ray tube or LCD display. Display discontinuity depth and amplitude of signal. Most commonly used in aircraft inspection;
- B-Scan: It displays discontinuity depth and distribution in 'cross sectional view'. Means of presentation recording paper and computer monitor;
- C-Scan: It displays discontinuity distribution in 'flat plan view'. Recording paper and computer monitor required for presentation;
- Digital Readout: It displays a ultrasonic time of flight information in digital format representing sound velocity thickness readings.

Applications. Used for detection of surface and subsurface detects in welds, forging, casting main structural fittings of landing gear legs and engine attachments. Bolts in critical areas, aircraft structure joints and pylon. Also checks adhesive bond quality of lap joints and composite structure. Used for thickness measurement after damage or corrosion removal.
Key Points. Fast, dependable and portable. Results are immediately known. Calibration standards and trained operator required. Discontinuity orientation of test object must be known to select wave mode.
Radiography. Radiography is one of the oldest and widely used nondestructive testing methods. A radiograph is a photographic record produced by the passage of electromagnetic radiation such as: – X-rays or gamma rays through an object onto a film. When film is exposed to x-rays, gamma rays or light an invisible change called a 'latent image' is produced in film emulsion. The areas so exposed become darker when the film is immersed in a developing solution. After development the film is rinsed to stop development. The film is next put into a fixing bath and then washed to remove the fixer. Finally dried so that it may handled for interpretation and record.
Three things required to generate x-rays, a source of electrons, a means of propelling electrons at high speeds and target materials. When high speed electrons interact with matter (the nucleus of the target material), their energy is provided, it is high enough, converted to x-ray energy.
Typical x-ray equipment consists of following features: Tube envelope; Cathode of the x-ray tube; Anode of the x-ray tube; Focal spot (size of the radiation focal spot); X-ray beam configuration; Accelerating potential (the operating voltage - difference in electrical potential between the cathode and anode).
Gamma-ray: Gamma-rays are the emissions from the disintegrating nuclei of radioactive substances. Two most commonly used 'isotopes' for performing industrial inspections are Iridium-192 and Cobalt-60. But in aircraft maintenance during gamma-radiography Iridium- 192 is usually used. Isotopes of Radium-226 and Cesium- 13 7 are available but are not generally used for aircraft radiography. Gamma-ray radiography has the advantages of simplicity of apparatus, compactness of the radioactive sources and independence from outside electrical source.
Applications. Considering the penetration and absorption capability of x-radiation, radiography is used to inspect a variety of nonmetallic parts; for porosity, water entrapment, crushed core, cracks and resin rich/straved conditions; and metallic products; such as welds, castings and forging as well as locating discontinuities in fabricated structural assemblies such as cracks, corrosion, inclusions, debris, loose fittings, rivets, out of round holes and thickness variations. Gamma ray radiography is usually used for detection of internal flaws of aircraft structure (steel and titanium) and engine components which require higher energy levels or other assemblies where access is difficult.
Key Points. Radiation hazard, aircraft must be clean of all personnel. Trained operator, film processing and viewing equipments required. Crack point must be nearly paralleled to X-ray beam. Eliminates many disassembly requirement. Provides permanent records of findings. Accessibility required in both sides of the test specimen.
Visual/Optical. Visual inspection is probably the most widely used of all the nondestructive tests. It is simple, easy to apply, quickly carried out and usually low in cost. The basic principle used in visual inspection is to illuminate the test specimen with light and examine the specimen with the eye. In many instances aids are used to assist in the examination.
This method is mainly used; to magnify defects which can not be detected by the unaided eye; to assist in the inspection of defects; to permit visual checks of areas not accessible to unaided eye.
Equipment. Visual and Optical tests are carried out in aircraft maintenance with following equipment:
- Magnifying Glass: Generally consists of a single lens for lower power magnification and double or multiple lenses for higher magnification.

-  Magnifying Mirror: This one is a concave reflective surface, such as a dental mirror may be used to view restricted areas of aircraft not accessible with a magnifying glass.
-  Microscope: It is a multiple element magnifier, providing very high power magnification, is used for the inspection of parts removed from the aircraft. Some portable units are also used to evaluate suspected indications found on the aircraft.
- Borescope: Borescope is a precision optical instrument with builtin illumination. Borescopes sometimes called 'endoscopes' or 'endoprobes', which consists with superior optical systems and high intensity light sources, some broescopes provides magnification option, zoom controls or accessories.
- Flexible Fibre Optic Borescope: - Permits manipulation of the instrument around camers and through passages with several directional changes. Woven stainless steel sheathings protects the image relay bundle during repeated flexing and manoeuvring. The working lengths are normally 60 to 365 cm with diameters from 3 to 12.5 min.

- Video Imagescope: The video Imagescope is similar to a Fibrescope with the exception that video camera and its connections have replaced the image bundle and a TV monitor has replaced the eyepiece. This image may be magnified for precise viewing. The field of vision is up to 90 degree and probe tip has four way articulation. Presently the smallest diameter is 9.5 mm with working length up to 100 feet.
Applications. Detection of surface defects or structural damage in all materials. Optical instruments are used for visual checks of internal areas and for deep holes and bores of aircraft structure, landing gears etc. Widely used to monitor engine components, such as, turbine wheels and nozzles, compressor vanes and blades combustion cans without opening the engine. 'Borescopes', 'fibrescopes' and 'video imagescopes' are most important optical aids in remote - visual inspection, which area is normally inaccessible.
Key Points. Simple to use in areas where other methods are impractical. Accessibility required. Reliability depends upon the experience of the operator.

Sonic /Resonance. Sonic and resonance testing methods are used primarily for the detection of separations between layers of laminated structures.
Sonic and Resonance testing is effective for detection of crushed core or debonds in adhesive bonded honeycomb, impact damage and delimitations in composite structures and exfoliation corrosion.
The tap test method has demonstrated the ability to detect cracks, corrosion, impact damage and debonding. The sonic testing instrument operate in the audio or near audio frequency range.
Resonance testing instruments may operate either or both the sonic or ultrasonic frequency range. Different methods of transmitting and receiving energy have been developed. Basically, each technique introduces a pressure wave into the specimen and then detects the resonant, transmitted or reflected wave.
Generally following acoustic mechanical principles are used to evaluate the damping characteristics of the specimen:
- Resonance test method: This test works well for many unbonds and deliminated.
- Pitch/catch swept test method: This test is best detecting unbonds and deeper defects.

- Pitch/catch impulse test method: In this method the joints not testable by swept method, can be tested satisfactorily by this mode.
- MIA(Mechanical Impedance Analysis) test method: This method works well on unbonds crushed core and defects on the inside of composite structure.
-.Eddy sonic harmonic test method: It is capable of detecting both near side and far side disbond.

-.Tap test: Tap test is a manual method. Tap testing is a common and inexpensive type of inspection. In this procedure the inspector taps the surface of the test structure and evaluate the sound generated. The inspector either listens directly to the sound or uses specially designed receiver to analyse the sound and compare the response with defect free part.
Application. To examine bonding exists between honeycomb, detect delaminations in composite laminates. Large structures such as, fairings, cowl and wing trailing edge, rudder, flaps, ailerons, elevators etc. are made from composites and honeycomb materials.
Tap testing is limited to detection of disbonds or voids between upperfacing sheet and adhesive. It will not detect disbond or voids at 2 nd or 3 rd layer bondlines, such as doubler areas. It is limited to the detection of delaminations, approximately 25 mm (1 inch) in dia or greater, located less than 1.3 mm (0.05 inch) below the surface being examined.
Key points. Loses sensitivity with increasing material thickness. Electrical source and reference standards required.
Infrared Thermography. Infrared and thermal methods for nondestructive are based on the principle that heat flow in a material is altered by the presence of some types of anomalies. These changes in heat flow cause localized temperature differences in the material. The imaging or study of such thermal patterns is known as 'thermography'. The terms 'infrared' and 'thermal' are used interchangeably in some contexts. Thermal refers to the physical phenomenon of heat, involving the movement of molecules. Infrared (below the colour red) denotes radiation between the visible and microwave regions of the electromagnetic spectrum.
The intensity and frequency/wavelength of the radiation can be correlated closely with the heat of the radiator. It follows that radiation sensors can be used to tell us about the physical condition of the test object. This is the basis of the technology of 'thermography'.

Equipment. A thermal imager basically consists of a detector, a scanning system, an optical system and video display unit. The majority of cameras function like a television camera and their output is a video signal which is proportional to the output signal of the detector. Subsequently, this passes on to a signal treatment and visualization system which assigns to each level a grey tone in an scale or false colour. In this way, an image can be obtained on a TV monitor which represent the distribution of temperatures throughout all the field of viewor printed out as colour graphics.
Applications. Used to detect certain voids, inclusions, debonds, liquid ingress or contamination, foreign objects and damaged or broken structural assemblies. Infrared thermography also been chosen for quick operational use and the reliability of defection 'liquid contamination' in the composite sandwich in compared to x-ray method. Detection of thermal overheating in electrical and hydraulic system. Specially thermographic inspection on aircraft structures are carried out to detect following defects: Composite laminate parts - for delamination debonding or foreign objects; Composite sandwich parts - for debonding and liquid contamination; Metallic bonded parts - for debonding of corrosion on; Metallic sandwich parts - for liquid contamination, debonding of corrosion.

Key points. This method shows temperature changes which can indicate defects. Required trained operator. Transportable & reference standards may be required.
Conclusion. Probably the aerospace industry is leading in the world for innovation of new materials and fabrication technique regularly to improve safety, efficiency and reduce cost. At the same time inspection techniques are also being developed to monitor their integrity. For instance, with increasing use of composites in latest commercial aircraft construction has motivated rapid development in ultrasonic technique. It can detect defects deep inside composites producing 3 dimensional images of the structures and any irregularities within the test item.

Only with appropriate applications of nondestructive testing techniques can bring the benefits of advanced materials science be fully utilized.
10. STRUCRURAL HEALTH MONITORING (SHM)
The subject of structural health monitoring (SHM) is emerging as an increasingly important component of overall Nondestructive Evaluation (NDE) programs and is now being considered for implementation in a variety of applications including aircraft, spacecraft components, bridges, etc.
Defining Structural Health Monitoring. SHM has been defined differently by various research groups. For instance, it has been defined as a system with the ability to detect and interpret adverse “changes” in a structure in order to improve reliability and reduce life cycle costs. The greatest challenge in designing a SHM system is knowing what “changes” to look for and how to identify them. The characteristics of damage in a particular structure play a key role in defining the architecture of the SHM system. The resulting “changes,” or damage signature, will dictate the type of sensors that are required, which in turn determines the requirements for the rest of the components in the system. Much current research focuses on the relationship between various sensors and their ability to detect “change” in a structure’s behavior. Another author defines SHM as the “continuous, autonomous in-service monitoring of the physical condition of a structure by means of embedded or attached sensors with minimum manual intervention, to monitor the structural integrity of the structure.” SHM includes all monitoring aspects related to damages, loads, conditions, etc., which have a direct influence on the structure. The sources of faults can result from fatigue, corrosion, impacts, excessive loads, unforeseen conditions, etc.
Regardless of the definition, however, all SHM systems require a combination of data acquisition by sensors and adequate computational models of the structure.

Over the past several years, there have been a number of limited demonstrations of SHM in actual field applications. The detection of damage at any location is a common challenge in most large structures, and thus SHM has potential applications across a range of industrial sectors. Examples include the detection of impact induced delaminations in composite aerospace structures, localized corrosion in petrochemical plants and unauthorized penetrations of shipping containers.

Successful field implementation of SHM has not been widely achieved and depends on overcoming several roadblocks including the development and demonstration of SHM sensors that have long term stability and reliability, validation of the capability of the SHM systems in terms of the probability of detection of flaws, and finally the integration of the SHM system results into structural and platform maintenance strategies. An increasing number of efforts are focusing on identifying these implementation issues and developing solutions for them. The benefits that will flow from successful implementation of SHM will include: replacing schedule-based inspection/maintenance of a structure by condition-based maintenance; significantly reducing life-cycle cost, and improving safety of new as well as aging aircraft, aerospace, and civil structures.

For aircraft applications, the uses of SHM technologies for future aircraft will not only enable new possibilities for maintenance concepts but will have a significant influence on design concepts and assembling technologies. SHM is expected to be one of the key technologies for controlling the structural integrity of future aircraft, providing both maintenance and weight saving benefits. Some of the advantages over conventional NDE inspection include reduced inspection down time, elimination of component tear down, and potential prevention of failure during operation.

SHM is likely to be used in identifying failures in aircraft, which would also be a boon to the commercial aircraft industry.
Emerging SHM technologies. The foundation of structural health monitoring is the ability to monitor structures using embedded or attached nondestructive evaluation sensors and to utilize the data to assess the state of the structure. Over the last ten years researchers have made significant advances in developing NDE sensors for SHM, and they have developed the hardware and software needed for analysis and communication of the SHM results.

The NDE SHM sensors that have reached some modest degree of maturing and are able to monitor significantly large areas of structures include fiber optics, active ultrasonics, and passive acoustic emission. Eddy current type sensor arrays have also been shown to be potentially useful in monitoring local areas in electrically conducting materials.

Fiber Optic Sensors. Fiber optic sensors generally utilize a laser light source to transmit light through the fiber, which is either bonded to the surface of a structure or embedded in a structure. The perturbations to the laser light involving phase, amplitude, and frequency are a function of the temperature and stress of the fiber optic, which are in turn a function of the state of the structure. Over the past several years, FBG sensors have been the subject of very active R&D and commercial products are now appearing on the market. FBG sensors are particularly suited to fiber reinforced polymer composite structures since the small fiber optics can be placed in the composite during its manufacture.

Japanese researchers have been particularly active in developing fiber optic sensors systems for SHM. Perhaps the most interesting work involved the study of the application of both surface mounted and embedded fiber optic distributed sensors to full-scale monitoring of large composite structures. The authors monitored strain or temperature during composite manufacture and stiffness for in-service structural performance.

 Passive Acoustic Emission Sensors. Acoustic emission sensors are utilized to detect and monitor the ultrasonic waves produced by materials when materials undergo cracking that can lead to structure failure. By means of triangulation, an array of acoustic emission sensors attached to a structure can be used to determine the location of growing cracks in a structure. In addition, highly sensitive fiber optic Bragg sensors, either attached to the surface or embedded in a structure, can be used to detect acoustic emission signals.

As an example of the broad research and development of acoustic emission sensors for SHM, a new class of continuously active fiber composite sensors was developed to detect damage in composite materials.
Active fiber composite (AFC) materials were a new class of materials developed in the late 1990s and further developed at NASA as microfiber composites (MFC) for use in actuator applications.
AFC materials were reconfigured and fabricated to make low cost sensors that can detect strain levels as well as acoustic emission signals. This resulted in a tremendous reduction in the number of data acquisition channels needed for SHM of large structures, and it greatly increases the chance of having acoustic emission sensors near an acoustic emission source. Since ultrasonic waves generated by acoustic emission events attenuate rapidly, it is essential to have a sufficient distribution of sensors in composite structures. The response of AFC sensors (also known as piezoceramic active fiber sensors) was modeled, and the researchers described how to manufacture these sensors.
Active Ultrasonic Sensors. Research on active ultrasonic sensors for SHM has received a great deal of attention over the last several years with researchers from several countries, including the United States, the United Kingdom, France, Germany, and China, contributing to the literature. Many of the research efforts have focused on the use of ultrasonic Lamb waves for SHM or the use of electromechanical impedance methods using piezoelectric wave active sensors.

As an example, the optimization of piezoelectric ultrasonic patch sensors for the Lamb wave monitoring of composites was studied. The researchers studied the optimization materials and configurations for this type of sensor and carried out theoretical and experimental studies to determine and demonstrate the capability of these sensors. The authors of this research stated that they were able to greatly improve the performance of this class of sensors, and they believed that their further development of new wavelet analysis techniques have also enhanced sensor capability. It was concluded that Lamb waves provide a very good technique for SHM of composites, and they will be used in future field applications.

As another example, researchers investigated monitoring the changes in the electrical impedance of piezoelectric transducers as a function of damage in structures. Physical changes in the structure cause changes in the mechanical impedance of the structure, and this is detected by changes in the electromechnical coupling of the piezoelectric patch transducers either bonded to the surface or embedded in the structure.

Some other sensors developed in three last decades deserve attention.
Electrical Resistance Gauges. It was found the relationship between the change in the electrical resistance of the gauge and fatigue loading parameters according to the simple expression
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where ΔR is the change in the resistance R, N is the number of applied cycles, h is a constant, εp is a peak value of the cyclic strain, and ε0 is the endurance limit strain, below which no permanent change occurs.

The material chosen for the gauge construction was an annealed constantan alloy. Nickel-copper alloys like constantan have a resistivity that depends strongly on the amount of accumulated fatigue damage.

Resistance changes which occur due to fatigue are generally quite small and can be difficult to measure reliably. Apart from the general difficulties involved in measuring small absolute changes, one has the additional problem of separating the fatigue-induced resistance changes from other changes, such as those occurring due to ambient temperature variations.
Polymer-based Electrical Resistance Fatigue Gauges. Much larger changes in fatigue-induced electrical resistance are found for a class of materials known as conductive polymers. The polymer was composed of many randomly-distributed highly-conductive graphite particles suspended in an epoxy matrix. The resistivity of the combined structure is a function of the volume fraction of graphite and, in particular, the contact area between the graphite particles. During fatigue loading, cyclic deformation causes the graphite particles to rub against each other thereby increasing their contact area, and thus permanently decreasing the resistivity of the mixture. In some experiments reductions in resistance of the order of 40% were observed before failure of the epoxy matrix.
Surface Roughness Gauge. The plastic deformation of a highly polished specimen can often lead to a noticeable surface roughening due to impingement of dislocations on the specimen surface. This phenomenon has also been proposed as a useful means of fatigue characterization. Thin aluminium foils were bonded to a fatigue-loaded structure with the view of correlating the evolution of surface roughening in the foil with the fatigue history of the specimen. Under constant stress-amplitude loading, the relationship between the measure of surface roughness, Ra, stress amplitude, σ, and number of loading cycles, N, was expressed as,
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where α, k0 and m are material constants. Surface roughness measurements were made using an infrared-based profilometer.
Martensitic Transformation Fatigue Sensor. In this concept fatigue sensor exploits  the tendency of silver-zinc alloy to change color in response to fatigue loading. The color change is reported to occur due to the silver-zink film undergoing a martensitic phase transformation in response to cold work induced by cyclic loading. Since it exploits colour variations, this gauge has a unique advantage among fatigue sensors in that it should enable one to gain a qualitative indication of the fatigue state of the underlying structure by simple visual inspection.
Fatigue Fuses. This simple device comprises a thin wire or ribbon which has a fatigue life that is known fraction of the life of the member material being monitored.  The integrity of the sensor is assessed by continually measuring its electrical resistance, with failure indicated by a sudden increase in resistance due to the loss of electrical continuity.
Oxide-film Sensors of Fatigue. Two methods are used, the exoelectron and the gel electrode methods. Both exploit the rupture of an oxide layer on a metallic surface to detect surface fatigue damage in the metal, and differ mainly in the way that the rupture is detected. Exoelectron method detects fatigue damage by using the preferential emission of photoelectrons from the metal surfaces freshly exposed by microcracks in the surface oxide film. To prevent reoxidation of the microcracks, and therefore maintain the preferential emission of photoelectrons, the technique needs to be applied in vacuum. The obvious limitation this places on its practical use led to the development of the gel electrode method. Here, microcracks in the oxide are detected by contacting the specimen with a film of gel composed of potassium iodide and starch.When a voltage pulse is applied through the gel, a corrosion current is formed which flows preferentially to the microcracks. Chemical reaction caused by the current render a change a change in colour in the gel which provides a visible indication of the location of the microcrack.
Single-crystal fatigue sensor. As a result of the investigations  of single-crystal plastic deformation and fatigue, the single-crystal fatigue sensor was invented in National Aviation University. The sensor made of pure aluminum single-crystal plate with following dimensions: circle of 15 mm diameter and thickness 0,15-0,2 mm or rectangle of 15-20 mm length, 10 mm width, 0,15-0,2 mm thickness.
As a result of cyclical loading the persistent slip bands appear. Cycle by cycle the density of persistent slip band grows, in such a way indicating accumulated fatigue damage (fig.10.1).

              [image: image120.jpg]


                     [image: image121.jpg]



                              а                                                            б
Fig.10.1. Persistent slip bands on the surface of single-crystal fatigue sensor: а) N = 10000 cycles; б) N = 200000 cycles.

Alclad fatigue sensor. As a result of the investigations of aluminium alloys under fatigue the polycrystalline sensors has been invented. Appropriate materials for fatigue sensors manufacturing are well known aluminium alloys D16AT, V95, 2024T3, 7075T6, covered by the layer of pure aluminum.
Such sensors look like micro specimens for fatigue tests and are basically the specimen-witness attached to the investigated part of the construction.
Conceptual version of the developed sensor presented on the fig.10.2. The distance between holes for the sensor installation is 40,0 mm. The thickness of the sensor 1,2 mm.
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Fig.10.2. Conceptual version of the fatigue sensor.

For polycrystalline sensors the fatigue damage may by estimated by the intensity of deformation relief (fig.10.3), i.e. by its dislocation structures on the surface. The surface can be explored by the light microscope with enlargement 200x - 400x.

Deformation relief which is formed on the surface of the sensor in the test portion is the system of the extrusions, intrusions, persistence slip bands (fig.10.3 – 10.4).
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Fig,10.4.Simplified scheme of the deformation relief (a), and 3D image obtained with interference profiler 
For the investigation of deformation relief evolution and correspondent fatigue damage assessment the digital optical system has been developed. The analysis of the optical digital images of the fatigue sensor surface state gives the data for mathematical models of construction residual life prediction.
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Fig.10.4. Optical image of the deformation relief on the alclad aluminium alloy: R=0, σmax=147,0 МПа: а) N= 30000 cycles (1.9% of life); б) N= 100000 cycles (6,3% of life); в) N= 400000 cycles (25,2% of life).

The images of cyclically loaded sensor’s surfaces are processed by special software. The developed program gives the possibility to determine the proposed damage parameter D. Damage parameter D is equal to the ratio of the surface area with deformation tracks (extrusions, intrusions, PSBs) to the total checked surface in the observed spot.

Damage parameter is estimated near the stress concentrator on the area approximately 0,09 mm2.
In the developed sensor the necessary raising of sensitivity is achieved by the redistribution of stress due to the corresponding distribution of stiffness along the length of sensor. The local stress rise in the test portion of the sensor is defined by the relationship between the width of test portion and the overall dimensions. The experience of the previous applications of the fatigue damage specimen-witness (fatigue sensors) in aviation was used for the definition the place and the method of the sensor installation. The specimen-witness on airplanes can be placed into the rear spar of the wing (fig.10.5).
The quality of the sensor surface is reached by the mechanical and electrolytic polishing. It is necessary for the light microscopic analysis of deformation relief.

Taking into account the wide spectrum of loading condition, it is obvious that a problem of the sensor’s sensitivity optimization in accordance with the actual loading of the elements, arises.
The application of finite element analysis permits to solve a problem of the sensor’s geometry optimization for required sensitivity.

The conducted fatigue tests have proved the ability of the new fatigue sensor application for the fatigue damage monitoring of aviation components.
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Fig.10.5. Component where the fatigue sensor should be installed.

Conducted investigations have shown the efficiency of developed fatigue sensors under wide range of regular and irregular cyclic loading.

Fractal geometry application for the analysis of intrusion/ extrusion structures. The search of the additional criteria for deformation relief quantitative description led to fractal geometry, which is wildly used nowadays at solving the material science problems.
Fractal geometry is a mathematical concept that describes objects of irregular shape. Some natural geometrical shapes, that can be irregular, rough or fragmented, can be described using concepts of fractal geometry as long as the requirement of self-similarity is satisfied. The latter term implies that the geometrical features of an object are independent of the magnification or observation scale.
It was proved that fractal geometry can improve the proposed method of optical diagnostic by application of fractal dimensions of deformation relief clusters as an additional parameter in the multiple correlation models describing relationship between the number of cycles and deformation relief parameters.
Selected SHM examples. In this section, selected examples of applications of SHM to a variety of structural systems are provided, including aircraft and aerospace systems, space vehicles, offshore structures, and railroad systems.

Several interesting examples of SHM applications have been reported recently. These applications are based on significant advances which have been made in recent years to evolve sensor technology from conventional electrical strain gages to fiber optic strain sensors. The technology, especially that associated with optical Fiber Bragg Gratings (FBG), has rapidly matured with an increasing commercial supplier base; the size, weight, and cost of the equipment has fallen dramatically. For interrogating multiple FBG sensors on a single fiber, a time-division-multiplexing (TDM) interrogator unit has been developed that uses a unique optoelectronic architecture capable of high resolution over a wide operating range; it can interrogate over 100 gages, each to their full range, on a single fiber.

In an aircraft application, a number of FBGs on a single optical fiber were embedded in both the web and flange of the forward spar of a developmental composite winglet for a large civil transport aircraft. Using the TDM interrogation system, the FBGs were successful in measuring the strain in the spar, including the shock loads induced by both lightning and bird strike tests. The ability to detect strain during the lightning strike demonstrated the system’s resistance to the effects of high voltage electrical pulses.

Another SHM example involves application to offshore oil drilling operations. In deep water operations, tidal currents can cause vortex induced vibrations in the riser pipes that bring the oil and gas from the sea bed to the surface. These vibrations induce strains in the pipe, which can result in premature fatigue failure. The requirement was to measure the strain induced in a 6-inch diameter steel riser pipe and to use the resultant data to help predict the residual life remaining in the riser. To achieve this result, an optical fiber was embedded in a composite half section tube that could then be strapped to the pipe in such a way as to follow the shape of the pipe as it flexed. The optical fiber was placed so that the FBGs were positioned along both edges and the center line of the half pipe. The resulting system was able to detect strains down to one microstrain in the riser pipe. The TDM interrogator was mounted in a container fitted to the half pipe, with data being transferred to the surface using an electrical umbilical. The system has been successfully deployed at depths of 6000 feet on an oil platform in the Gulf of Mexico, and it has been in operation for many months.

The use of ultrasonic transducers to monitor railroad wheels for cracks has also been investigated. The ultrasonic signal is introduced by the high speed contact of the steel railroad wheel to the steel track, and the signal is detected by a PZT transducer placed inside the hollow shaft of the wheel axle. The transducer is configured to withstand the centrifugal forces generated by the rapidly turning wheel and shaft. The transducer is coupled to a wireless transmitter system that sends data to an industrial computer.

After development, the SHM system was checked on a railroad test bed run by a German railroad. The system is capable of operating at high wheel speeds, and it reproducibly detects cracks in the wheels.

To meet the concerns of the integrity of NASA’s Space Shuttle thermal protection system, a certified SHM system for monitoring impacts to the Reinforced Carbon-Carbon (RCC) on the Shuttle’s wing leading edge was developed. In addition, a large effort was described that focused on understanding the damage that took place on Space Shuttle Columbia’s leading edge, including a number of NDE techniques that were used to assess the integrity of the Shuttle’s leading edge while they were installed between flights.

The conventional NDE techniques investigated to inspect the RCC on the ground included: advanced digital radiography, high resolution computed tomography, thermography, ultrasound, acoustic emission, and eddy current systems. Eddy current array scanning and thermography demonstrated the maturity and capability to inspect the RCC from one side while installed on the Shuttle, and this was successfully field tested at Kennedy Space Center (KSC).

The development of a first generation impact sensing system for the Shuttle wing RCC leading edge was also reported. This system is capable of detecting impacts from foam, ice, and ablator materials during ascent velocities. It is also capable of detecting simulated hypervelocity micrometeoroid and orbital debris impacts during flight. The SHM system was based on wireless accelerometer sensors that had previously been qualified for use on the Shuttle for other applications. This accelerometer based SHM system is now used on all Space Shuttle flights to help ensure the continued integrity of the Shuttle wing’s leading edge RCC system.
As a conclusion it should be stated: Over the past years there has been a significant contribution to the knowledge required for structural health monitoring systems. A slightly more expansive view of the NDE paradigm would broaden the name of structural health monitoring to include also functional health monitoring (S&FHM), since many critical components and systems have more than just a mechanical structural requirement.

In order for SHM to take its full place in the modern NDE paradigm and fully contribute to the modern NDE paradigm, several steps need to be taken. These steps include: a) development and additional study of the sensors embedded or attached to structures; b) development and implementation of standards covering the standard practices needed for the widespread application of SHM.
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